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ABSTRACT 

 
This thesis examines the development of a gas propellant rocket motor using cheap local 

materials. The fabrication of the prototype rocket engine was achieved by using machine 

tools like the lathe and drilling machines. The internal radius around the nozzle throat area 

was made without using any special tools for curves. The engine was tested twice and 

readings or data taken for pressure and temperature. Two thermocouples were damaged 

because the temperature exceeded their temperature limit. Hence, temperature estimates were 

used in the analyses of the test results. Though some variations ranging from 0 to 15% were 

observed between the first test and their corresponding theoretical results in some parameters 

but the test results were in most cases found to lie between 70% and 80% of the assumptions. 

There was the sonic boom at Mach one and a bright yellow flame thrust 1.70 m long. Exit 

velocity of 1664 m/s at Mach 1.87 was attained and generated thrust was calculated from the 

product of exhaust velocity and propellant mass flow rate to be 7.65 KN. Combustion 

pressure of 16 bar was achieved at temperatures of about 2000 oC The second test provided 

useful information on the consequence of improper rocket engine operation.  
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CHAPTER 1  

1.0 INTRODUCTION 

A rocket is a self-propelled device that carries its own fuel, oxidizer and other chemical 

agents needed for complete combustion of the fuel. Its main communication with its 

environment is the expelling of hot exhaust gases that result from the combustion. The theory 

will show that the thrust of a rocket depends on Newton’s third law of motion as it derives 

from the momentum of the expelling hot gases. As the exhaust gas is expelled at high 

velocities, the body structure of the rocket experiences a reaction that compels it to move in 

the opposite direction to the exhaust. The exhaust stream is actually a collection of a large 

number of uniform small particles flowing at a uniform velocity. Since momentum is 

proportional to the product of mass and velocity, it can be shown1 by using a control volume 

that the momentum of the gas stream can be expressed in terms of momentum of a rigid body 

with equivalent mass and velocity. Also, as the body structure moves in a homogeneous non 

vacuum environment or fluid due to a net external force, just as a body swimming in water, 

its motion can be considered relative to the displacement of the particles of the fluid that 

constitutes the medium. Thus the effective motion will rely on the forces imparted to the 

body due to change of momentum. It obeys the momentum principle of fluid mechanics2 

which states that the net external force acting on a body which is immersed in a steadily 

flowing fluid must equal the difference in the momentum per unit time of the fluid and the 

increase in pressure force which are acting on the surfaces of the body. This effect was aptly 

described by Sanger3 who wrote: “All self-propelled means of transportation within a liquid 

or gaseous medium obtain their driving forces on the basis of the momentum principle, since 
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all ship propellers, air plane propellers, water wheels and oars generate their forward push at 

the expense of the momentum of water or air masses which are accelerated toward the rear. 

Rocket propulsion differs from these old devices only in the relative magnitude of the 

accelerated masses and the velocities. While hitherto large masses were thrown back at low 

velocities, in rocket propulsion only relatively small gas masses are used, which are carried 

within the vehicle and ejected at a very high velocity”. A critical parameter in engineering 

that has not found common use in rocket unit design is the efficiency3 which is limited to 

providing information on the energy balance of the rocket system. To optimize any thrusts 

generated therefore, efforts should be directed at minimizing the quantity of fuel burned per 

unit time, minimizing the total weight of the rocket and maximizing the velocity of the 

exhausting gas. Minimizing the fuel consumption rate will require the use of high calorific 

value fuels that can sustain the flight over a period of time before being used up.  Minimizing 

the total weight will require the use of light materials and even small quantities of fuel, 

oxidizer and other combustion agents. Yet, materials that can withstand extreme 

temperatures and pressures will either be thick and heavy or thin and tough.  Maximizing the 

exhaust velocity will require good design and fabrication of components that convert 

pressure heads into velocity gains. 

This work is not intended to re-invent the wheel rather, the intent is to utilize cheap materials 

and resources to generate enough thrust that can lift a rocket off its pad. 

 

1.1  Applications 

Currently, rockets have applications both in space and on earth. They are used for research 

works at high altitudes, in assisting heavy aircrafts during take-offs, in SOS application to 
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invite rescue teams to ships that are stranded offshore like distressed ships. Rockets also 

assist pilots’ ejection during aircraft emergencies and for entertainments with fireworks. 

Rockets have been used to launch satellites and enhance communications.  Probably, the use 

of rockets for military purposes, space exploration and steering of vehicles in space are the 

best known in rocket application. 

 

1.2  Success Vision 

The mere mention of building a rocket engine in a society like Nigeria will first generate fear 

of failure even before one begins with the analysis. The issue here is that certain procedures 

and principles have already been proved and established such that all one needs to do is to 

apply them. Thus, the objective of the research work will be accomplished if:  

1. Desired thrust capable of projecting a rocket engine can be obtained by applying flow 

characteristics of a given working fluid in a convergent-divergent nozzle. 

2. Desired results from a simple fuel like liquefied petroleum gas (LPG) can be obtained 

by its combustion in a chamber.  For this work, the desire is to sustain combustion of 

a predetermined fuel-oxidant mixture in a combustion chamber to yield predicted 

temperature and pressures. 

3. Analytic results are supported by experimental methods that will involve 

measurement and/or determination of stagnation temperatures and pressures, at given 

cross-sectional areas of the nozzle. 

4. A prototype rocket engine, developed with locally sourced materials, yields results 

that can compare well with analytical ones. 
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5. A hold-down test in a fixed test rig is conducted on the prototype rocket engine 

without incidents or injury to any person. 

CHAPTER 2 

2.0 LITERATURE REVIEW 

2.1 Early Rockets 

Perhaps the most significant mention of rockets can be found in the national anthem of the 

United States of America. The Chinese invented the chemical called gunpowder earlier than 

1000 AD. This invention encouraged the search for effective and purposeful use of the 

chemical which in turn led to the invention of rockets by the Chinese4. One of the early uses 

of the Chinese rockets was for fireworks and this was later applied to warfare as missiles 

using a weapon called “arrow of flying fire”3 for setting enemy camps and cities on fire. The 

stories about the arrow of fire did not mention the use of bows or any other instrument for 

shooting or projecting the arrows, hence the assumption that the weapon must have been a 

form of rocket with the ability to propel itself. Soon, the technology would become attractive 

to other people like the Indians whose troops under Tipoo Sultan used rockets to repel the 

British in 1791.  

 
The British then took notice of the weapon and soon William Congreve, a British officer, 

developed a military rocket which was used against Napoleon in 1806. Though the Congreve 

rockets were inaccurate, their relative effectiveness improved the confidence of the British 

military until their use in an unsuccessful British attack on Fort McHenry, outside Baltimore, 

United States of America in 1814. The rockets failed to win the war for the British, and the 

United States of America would rather not forget them as they were immortalized as “The 

Star Spangled Banner” by Francis Scott Key5 and referenced to as "The rocket's red glare" in 
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the United States anthem6. Another consequence was that it formed the basis for further 

research to improve artillery which soon would lead to some awesome military might like 

those of the US, Russia, Britain and France. 

 
While rockets were being used for military purposes, some commercial rockets were being 

used by ships for sending distress signals to the shore in case of shipwreck. Still, rockets 

were the only credible way of reaching distant space. One visionary who realized this was 

Konstantin Tsiolkovsky (1857-1935), a Russian teacher who enthusiastically promoted 

spaceflight and wrote books on the subject, long before the idea received serious 

consideration. He is credited with the fundamental rocket flight equation and his 1903 

proposals to build rocket vehicles7. 

 

 In the US, a young American, Robert Hutchins Goddard (1882-1945) had picked interest in 

rockets October 19, 1899 when he climbed into an old cherry tree to prune its dead branches. 

He later observed6 that:  "It was one of the quiet, colourful afternoons of sheer beauty which 

we have in October in New England, and as I looked toward the fields at the east, I imagined 

how wonderful it would be to make some device which had even the possibility of ascending 

to Mars, and how it would look on a small scale, if sent up from the meadow at my feet."  

  That was when young Goddard decided to pursue the idea of spaceflight. He later wrote  

"I was a different boy when I descended the tree from when I ascended, for existence at last 

seemed very purposive." About 1915 as an assistant professor at Clark University, Worcester 

he began investigations through experiments to determine the parameters that influenced 

their efficiency and his findings provided good directions to researchers in rocketry. He 

applied for and was granted US patent #1,103,503 in July 1914 together with an earlier one, 
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#1,102,653 for multiple rocket stages which also covered expansion nozzles and liquid fuel5. 

He bought some commercial rockets and measured their thrust using a ballistic pendulum, a 

heavy mass suspended by ropes, to which the rocket was attached. The rocket was fired, and 

the height to which the pendulum rose provided a measure of the total momentum imparted 

to it. Goddard also used an equivalent set-up, where the mass pushed against a spring, instead 

of being suspended. From Newton’s laws on conservation of total momentum, Goddard 

related the momentum given to the pendulum in one direction to be equal to the momentum 

imparted to the rocket's gas jet (and this momentum determined the length and height of its 

swing). By weighing the rocket before and after firing, Goddard could derive the mass of the 

ejected gases and from that deduce the velocity.  

 
The study was however becoming frustrating. A rocket is essentially a heat engine, a device 

for converting the heat energy obtained from the chemical energy of the fuel into mechanical 

energy, which in this case is the kinetic energy of its exhaust jet. Knowing the mass and the 

velocity, Goddard could derive the kinetic energy given to the gas, and by burning a 

measured amount of the fuel, absorbing the heat (e. g. in water) and measuring the rise in 

temperature, the total amount of chemical energy converted to heat could also be obtained. 

The conclusion from the experiments was rather disappointing as only about 2% of the 

available energy was found to contribute to the velocity of the exhaust jet. There was need to 

improve the efficiency of rockets beyond 2% and Goddard had to turn to some work by 

Gustav De Laval, a Swedish engineer of French descent. In trying to develop a more efficient 

steam engine, De Laval designed a turbine whose wheel was turned by jets of steam. The 

critical component, the one in which heat energy of the hot high-pressure steam from the 

boiler was converted into kinetic energy, was the nozzle from which the jet blew onto the 
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wheel. De Laval found that the most efficient conversion occurred when the nozzle first 

narrowed, increasing the speed of the jet to the speed of sound, and then expanded again. 

When Goddard applied the nozzle to exhaust the gas, the exhaust velocity increased from 

about 305 m/s to about 2438 m/s and the efficiency improved from about 2% to 63%6. This 

and other works on rockets then began to change the perception on space travel from being a 

pipedream to something that could be done. In 1882 in St Petersburg, Russia N. I. 

Kibaltchitch conceived a rocket propelled airship by visualizing a tiltable rocket unit which 

could be fed repeatedly with charges of solid propellants. This idea is still in use today for 

steering spaceships by using thrusters. His work was further investigated by people like 

General Thayer of Philadelphia who in 1884 proposed a military airship that could be 

propelled by expulsion of compressed air; Nicholas Petersen of Mexico City who in 1892 

proposed an air vessel with repeatable cartridge type solid propellant rocket; and S. B. Battey 

who was granted a United States patent in 1893 for a similar design. 

 
2.2 Liquid Fuel 

At invention, rockets were first propelled by solid fuel – gunpowder. Other attempts were by 

solid fuels like coal. But the general problem was the pulsating effects which made the idea 

for a continuous stream of fuel charges unfeasible. The desire for a change has thus been 

generated and in 1922 Goddard looked for an alternative idea like liquid-fuel propelled 

rocket. About the same period, Hermann Oberth in Germany6 and Tsiolkovsky16 (sometimes 

spelt Ziolkowsky) had proposed similar ideas independently for two lines running into the 

combustion chamber, one feeding fuel, the other oxygen. Such a rocket promised very high 

efficiency, but also posed serious technological challenges. Both fluids had to be pumped at a 

steady rate, and one of them, liquid oxygen, was extremely cold. The high temperature of 
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combustion in pure oxygen required heat-resistant materials, and to help overcome this, 

Goddard developed the technique of having the liquid oxygen cool the combustion chamber 

on its way from the fuel tank. This method is still in use today. Though it is not certain when 

the first liquid propellant rocket was invented, however, Pedro E. Paulet from Peru5 is known 

to have launched the first practical working liquid propellant rocket in 1895. It was a 10 

centimeter diameter conical motor that was propelled with nitrogen peroxide and gasoline to 

generate thrusts of 90 kilogram weight. Another person that contributed to liquid propellant 

rocket designs is a Russian Mathematics professor N. E. Ziolkowsky who in 1903 made a 

definite proposal in an article dealing with the possibility of rocket space travel using liquid 

oxygen and hydrogen propellants.  

 

The invention of liquid propellant rockets introduced some problems including high 

temperatures and this motivated studies that aimed at modifying the design of combustion 

chambers. This has resulted in different chamber designs that include the “heat sponge”, 

“jacket cooled” and a number of selection criteria for successful operation. During operation, 

gas propulsion can be fired for few seconds, liquid propulsion can be fired for about an hour 

or more with adequate cooling7 while solid propulsion lasts for few minutes. Liquid 

propelled rockets have advantages that include huge thrusts and the ability to cut off the 

engine at desired points. They are classified under two basic types depending on the method 

of propellant feed – by pump or pressurized gas. The size of the engine also determines 

whether to use pumps or pressurized inert gases to drive the liquid propellant. When large 

engines and long range are major factors, the use of pumps is advantageous over the weight 
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of the required gas tanks necessary to pressure-drive the large volume of propellants, and 

turbo drive of pumps using heat from the cooling system becomes appropriate5. 

2.3 Control 

When Goddard first tested his liquid fuel propelled rocket in 1926, he realized that it took 20 

seconds to burn the fuel to reach sufficient thrust for take off and the unstable flight lasted for 

2.5 seconds before it crashed. The crash rather than discourage him, became the basis for the 

incorporation of flight control in the study of rocket flight design. One of the first known 

forms of control was the idea by Congreve to use a long stick (see Fig 2.1) attached to the 

Congreve rocket to increase the drag with a view to stabilizing the flight3. The effect was an 

improvement in the aiming accuracy and analytical predetermination of the range. This idea 

was further improved upon by William Hale3 who sought to eliminate the use of the long 

stick for stabilizing the Congreve rocket. William Hale spin-stabilized the projectile by 

building three inclined vanes into the path of the jet and thus set the stage for predictable 

trajectories. The development of rocket stability was pushed further by notable researchers 

including Goddard by using pendulum and gyroscopes for controls. Today, rocket stability is 

controlled by computer systems which will not allow deviations and military projectiles are 

guided by laser beams and satellites to enhance targeting accuracy. 

 
2.4 Rockets today 

World Wars I and II provided motivations for researches in rockets especially in Germany, 

the US, Russia and other countries. Experimental rockets were designed, tested and 

sometimes flown. Some of the experiments used liquid fuel, though solid-fuel rockets were 

also developed. In solid-fuel rockets the fuel gradually burned off leaving the entire fuel 

container under pressure to supply hot gas directly to the De-Laval nozzle.  
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In Germany – Hermann Oberth whose doctoral thesis16 "The Rocket into Interplanetary 

Space" was rejected by the University of Heidelberg led the effort and was rewarded in 1930 

when his group "Society for Space Travel" (Verein fuer Raumschiffahrt or VfR), 

successfully tested a liquid fuel engine with a conical nozzle which developed a thrust of 70 

newtons (about 10 newtons will lift 1 kg). By 1932, it was flying rockets with 600-newton 

motors4. Oberth in 1923 published a paper titled “By Rocket to Planetary Space” in which he 

detailed mathematical theory for rocket projectiles, new ideas on rocket construction, ship 

travel and proposed the first self cooled rocket thrust chamber in which the propellant 

circulated through a heat exchanging jacket before being injected into the combustion 

chamber3. Though Oberth did not succeed in making a rocket projectile that would work, but 

his efforts motivated young German amateur enthusiasts to form the Society of Space Travel 

which later conducted many successful rocket tests and struck a first in publishing good 

periodical magazines that dwelt on rocketry. The German army in 1932 enlisted the help of a 
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young engineer named Wernher Von Braun as it began developing rockets for its own use 

including the “A” series of rocket missiles (A-1, A-2, A-3, A-4, A-5, A-9, & A-10). The 

military's rockets were larger and more ambitious, and the A2 which flew in 1934 developed 

a thrust of 16000 newtons. This line ultimately led to the A4, designed and tested under Von 

Braun's supervision, a 12-ton rocket with a thrust of 250 000 newtons, a 1-ton payload and a 

range of 300 km (about 200 miles). This was renamed V-2 ("vengeance weapon 2") by the 

German army which used it effectively in bombing London during the World War II. The V-

2 is a supersonic missile with a range of 250 kilometers and propelled by liquid oxygen, ethyl 

alcohol and water. The V-2  which operates for a little more than 60 seconds generates 

thrusts of about 250 kilonewtons.    

In Vietnam, an aeronautical engineer called Eugen Sanger published a book in 1933 called 

“Raketenflugtechnik” (Rocket Flight Technique) in which he pointed out  the advantages of 

high chamber pressure3. He reported obtaining exhaust velocities of 2987 m/s using diesel oil 

and liquid oxygen in a spherical combustion chamber of 103 bar pressure 

 
In USA – apart from Robert Goddard's efforts, Theodore Von Karmán, a native of Hungary 

and a graduate of the Minta, became an authority on aerodynamics and in the 1930s served as 

professor of aeronautics at Caltech, the California Institute of Technology in Pasadena, 

California. Together with Frank Malina, one of his graduate students, Karmán began 

designing and building rockets at Caltech's Guggenheim Aeronautical Lab (supported by the 

Guggenheim family which also financed Goddard's work). Another distinguished student of 

Karmán was Hsue Shen Tsien, who later returned to China and helped establish that 

country's spaceflight effort. During World War II Karmán and his engineers designed the 

solid propellant  JATO rocket ("Jet Assisted Take Off"), which was used for getting heavily 
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loaded seaplanes into the air. The first was made at March Field, US in August 19413. 

Originally, the propellants were a mixture of roofing tar (fuel) and perchlorate (an oxygen-

rich compound similar to the one used by chemistry teachers for producing oxygen in 

classroom demonstrations). They also designed solid-fuel for military use, and a bigger 

liquid-fuel rocket, adapted for high-altitude research as it developed a thrust of 6700 

newtons, and reached in 1945 a height of 70 km. In 1947, the US built and flew a rocket 

airplane, the X-1, and it became the first airplane to exceed the speed of sound in level flight. 

The XS- series aero planes are equipped with multiple engines that can power them to 

supersonic velocities. The lesson from Germany, Britain and United States appears to suggest 

that harnessing group ideas on rocket development can enhance rocket research better. 

 
Generally, rocket performance has been shown to depend on a number of factors which 

include the O/F ratio and burn rate. Research by Richard Allan Nakka in 1984 on solid fuel 

propelled rocket engine indicates that specific impulse is highest within O/F ratio of 65 to 70 

percent oxidizer9. It is lower at reduced ratios and drastically lower further at higher ratios. 

The work also shows that burn rate will be maximum at O/F ratio of about 65/35 and 

suggested that propellant performance should remain essentially constant over a wide range 

of O/F ratio. He also suggested that variation of nozzle design did not appear to improve the 

motor’s performance significantly and concluded that the conical nozzle achieved 

satisfactory performance results when its simplicity of fabrication was considered against 

other known nozzle designs. 
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2.5 Rocket Staging and Technology 

To achieve great speed and height, rockets will be staged by placing a small rocket on top of 

a big one and firing it after the first has burned out. Today almost every space rocket uses 

several stages, dropping each empty burned-out stage and continuing with a smaller and 

lighter booster. Explorer 1, the first artificial satellite of the US which was launched in 

January 1958, used a 4-stage rocket. Even the space shuttle uses two large solid-fuel boosters 

which are dropped after they burn out. As the fuel is used up, the boosted mass decreases, 

and by Newton's 2nd law, the acceleration increases steadily. 
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CHAPTER 3 

3.0 METHODOLOGY 

The theory of rocket engine can be divided into sections like the fuel, injection, combustion 

chamber, nozzle, the environment, control and conditioning tanks (propellant), 

interconnecting components and mounts, and the integration of the system.  For this work, 

the scope is to cover injection, combustion, and the nozzle. 

The design of rocket engines is based on application of gas equations. This is because the 

fuel, whether solid, liquid or gas, will eventually be changed into gaseous form for effective 

combustion to take place. 

  

3.1  Gas Equations 

3.1.1  The Perfect Gas Law (Characteristic gas equations) 

PV   =   mRT,   

P     =    m RT    
                V                 
 
but    m = ρ  
          V                                                      
 or m = ρV 
 
P     =      ρRT    or Pv = RT  
 
ρ    =      P/RT                                                                             -   (3.1) 
 
ν = 1/ρ = specific volume  
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3.1.2  Continuity Equation 
 

The continuity equation is an expression indicating that mass does not change in a given 

process. It is given by11 

m  =    ρAv   =  constant                                                     -  (3.2) 

      
 
3.1.3  Energy Equation 

  
The energy equation states that the total energy in a system remains constant over a cycle in a 

process12.  

     Q – W + h1 + gZ1 + ½  v1
2  = h2 + g Z 2 + ½ v2

2                   - (3.3) 
 
h = u + pV 
 

      when  Q & W = 0 then for adiabatic process 
 
     h1 + ½ v1

2 = h2 + ½ v2
2 = h + ½ v2

 

 
      i.e ½ v2 + h = constant = Ho 
      
where h0 = stagnation or total enthalpy  

 
 

3.1.4  Euler Equation 

For a frictionless flow along a streamline2 

dp + vdv + gdz = 0                                                        - (3.4) 
ρ 
 
for a horizontal stream, 

dz = 0 giving 

dp + vdv  =  0 
ρ 
                                                                  
but dp = c2 where c = velocity of sound2                      - (3.5) 
      dρ           
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Thus 
 
dp = c2 dρ   or 
 
dp =   c2 dρ 
 ρ             ρ                                                                     - (3.6) 

and 
  
c2 dρ + vdv  =   0                                                           - (3.7) 
      ρ       
                                               
Differentiate equation    (2) 

dm = ρAdv + ρvdA + Av dρ   =  0 

Divide by ρAv then 

dρ + dv + dA  =  0                                                          - (3.8) 
 ρ      v       A 

 
Eliminate dρ between equations 3.7 & 3.8 so that, from equation (3.7) 
                 ρ                                                           
 

dρ  =  -  vdv   
 ρ             c2 
 
From equation (8) 
 
-  vdv + dv + dA  =   0 
    c2       v      A 
 
(1/v  -  v/c2 ) dv   +  dA  =  0 
                                  A 
 
(c2 – v2)dv + dA  =  0 
    v.c2            A 
 
1 . (c2 – v2)dv  +  dA     =   0 
v        c2                A 
A  ( 1 –  v2 )  +    dA   =  0 
 v            c2          dv 
 
dA  =  A ( v2   – 1)                                                          -  (3.9)  
dv        v    c2 
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But  v   = Ma = mach number; so 
        c     

 
dA  =  dv ( Ma2  – 1)                                                     -  (3.10)  
 A         v     
                                                                            

Equation (10) indicates that: 
 
 for subsonic flow (Ma < 1) area must decrease for velocity to increase. 
 
 for supersonic flow (Ma > 1) area must increase for velocity to increase 
 
Hence, it is possible to achieve a supersonic flow from subsonic flow by employing a 

convergent–divergent nozzle to accelerate a subsonic flow to sonic velocity in the convergent 

section, and then increase from sonic to supersonic in the divergent section. 

Note that sonic flow is achieved when Ma = 1 (at the throat) 
 

Here, for sonic flow, equation 10 becomes 
 
 dA   =  0  =  dA/dx                                                  - (3.11) 
 dv                 dv/dx 
 

where x is taken along the axis of nozzle. Note that RHS = LHS multiplied by 1. 
  

For equation (11) to be true, it is either that dv is infinitely bigger than dA or that  
                                                                 dx                                       dx 
 

dA is zero  
dx 

 
See Fig 3.1, diagram of a convergent– divergent nozzle 
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The sonic flow is achieved at the section where increasing velocity is maintained while 

section area stops decreasing and begins to increase. 

 

At that point, dv may not be infinite as dx ≠ 0 
                 dx 
 

dA must be zero, showing that section area could be minimum 
dx 

 
Implication is that, if flow is initially supersonic, the nozzle will decelerate it to a  

 
sonic state, and then accelerate it back to supersonic. 
 
If flow is initially subsonic, two possibilities will exist: 
 

1. Flow will be accelerated to a sonic state and then increased to a supersonic state. 
 

2. If flow does not attain a sonic state, it will be decelerated in the divergent section  
 

of nozzle (and the system acts like a diffuser). 
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3.1.5 Venturi meter 

 
 
Applying Bernoulli’s equation2 

 
∫(dp/ρ) + v2  + gz  =  constant 

                2 
 

For adiabatic conditions, assuming p  =  constant  =  k (for compressible flow) 
                                                         ργ  
 
i.e. ρ  =  (p/k)1/γ  then 

 
k1/γ  ∫p-1/γ dp + v2 + gz  =  const 
                       2 
 
Integrating and putting k = p  gives 
                                            ργ  
 
    γ_    p + v2  + gz  =  const 
(γ – 1)  ρ     2 
 
 
    γ_    p1 + v1

2  + gz1  =      γ_    p2 +  v2
2  + gz2     

(γ – 1)  ρ1     2                  (γ – 1)  ρ2     2 
 
For horizontal streamline, since z1 = z2 
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    γ_    p1 + v1
2     =        γ_    p2 +  v2

2                                   - (3.12)    
(γ – 1)  ρ1     2             (γ – 1)  ρ2     2 
 
Also, using    p1   =    p2   or ρ2 = ρ1r1/γ and  ρ1A1v1  = ρ2A2v2  for continuity  
                     ρ1

γ          ρ2
γ  

 
where  r = p2     
                 p1  
 
Substituting in equation (12)  i.e. v2  =  ρ1A1v1 
                                                               ρ2A2 
 
    γ_    p1 + v1

2     =     γ_      p2     _      +     v1
2_ (A1/A2)2 

(γ – 1)  ρ1     2           (γ – 1)  ρ1r1/γ             2 r2/γ 
 
v1  =  √{ 2γ_    p1    [1 – r(γ – 1)/γ]           }                                             - (3.13) 
             (γ – 1) ρ1 [(A1/A2)2 (1/r)2/γ – 1] 
         
Thus considering friction effects 
 
m  =  CdA1v1ρ1  where  Cd= coefficient of discharge 

 
Bernoulli’s equation of the form in equation (12) can be applied to a nozzle such that 
 

    γ_    p1 + v1
2     =        γ_    p2 +  v2

2                                  
(γ – 1)  ρ1     2             (γ – 1)  ρ2     2 
 
If  v1  = 0 and   v2 = v then 
 
    γ_   ( p0 – p)   =  v2

2                            
(γ – 1) ( ρ0    ρ)      2 
 
since for adiabatic condition 
p0   =    p   and  ρ  =  ρ0 r1/γ  
ρ0

γ        ργ  
 

where r = p  and  p =  p0 r(γ – 1)/γ   
                p0         ρ        ρ0  
 
    γ_  p0 [1 – r(γ – 1)/γ]    =  v2

2                            
(γ – 1)ρ0                            2 
 
v  =  √{   2γ_   p0    [1 – r(γ – 1)/γ]}     and 
             (γ – 1) ρ0  
 
m   =   ρAv   =   Aρ0r1/γ v 
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 =    Aρ0   √{   2γ_   p0 r2/γ   [1 – r(γ – 1)/γ] 
                          (γ – 1) ρ0      
    
For maximum discharge (at the throat) 
 
d {r2/γ   [1 – r(γ – 1)/γ]}   =   0 
dr 
 
(2/γ) r(2 – γ)/γ – [(γ + 1)/γ] r1/γ   =   0 
 
r(γ – 1)/γ   =   2/(γ + 1) 
 
r   =   pt     =   [2/(γ + 1)] γ/(γ – 1) ; critical pressure ratio 
          p0          
 
Also, since k = p  =  constant then 
                         ργ  
 
ρ0    =  [2/(γ + 1)] 1/(γ – 1) 
ρt   
 
Tt     =     2   ,                                                                                - (3.14) 
T0         γ + 1 
 
 

3.1.6 Laval nozzle 
 
For continuity of mass 
 
ρ v A   =   ρt  vt At                                                                        -  (3.15) 

 
the velocity at any point can be expressed in terms of mach number Ma at that point and the  
 
local speed of sound 

v   =   Ma . c   =   Ma √(γRT) 
 
at the throat, Ma  =  1,  T  =  Tt     thus 
 
vt   =   √(γRTt ) 

 
Substitute in equation (15) 
 
ρ A Ma √(γRT)   =   ρt  At √(γRTt) 
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A     =   ρt   1   √(Tt/T)    or 
At          ρ  Ma 
 
A     =   ρt   (Tt/T)1/2   1   
At          ρ                 Ma 

 
For isentropic flow from a reservoir and v0 = 0  then from Bernoulli’s equation (any section) 

 
v2   =        γ    R (T0 – T)  =  Cp (T0 – T)  
 2        ( γ – 1 )                                                               
 
since (Cp /Cv) = γ  and   Cp –  Cv =  R  
 
or   Cp – Cv = R 
      Cp    Cp    Cp 
 
Thus 1 – (Cv/Cp) = R/Cp 
 
γ – 1 = R 
   γ       Cp 
 
Cp  =      γR     , 
            ( γ – 1 ) 
 
 i.e          γ          P0   +   v0

2    =        γ     P  +   v2  
         ( γ – 1 )    ρ0          2            ( γ – 1) ρ       2 

                                                  
Since P = ρRT then  
 

    γ    ρ0RT0   =      γ    ρRT  + v2 
     (γ – 1)     ρ0        (γ – 1)   ρ        2                                                                        

 
    γ    R (To – T)  =  v2     =  Cp (To – T)  

     (γ – 1)                         2   
 
To = T +  v2                                                                                   - (3.16) 
                2 Cp 
 
v2  =      2       γRT (T0 – 1)                                
         (γ – 1)             T 
 
v2   =       2    c2 (T0 – 1)           as c2  = γRT 

      (γ – 1)     T 
 
v2    =   Ma2    =     2    (T0 – 1)            
c2                       (γ – 1)  T                                                                            
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T0   =  Ma2  (γ – 1)  +  1 
T          2 
 
i.e.    T0  =  T.[1  +  (γ – 1) Ma2 ]                                                       - (3.17) 
                                     2 

 
But for isentropic flow 
 

T0   =  (p0 /p) (γ – 1)/γ   = (ρ0/ρ) 1/(γ – 1) 
T     
 
p0  =   [1  +  (γ – 1)/2  Ma2 ]γ/(γ – 1) 
p     
 
ρ0  =  [1  +  (γ – 1)/2  Ma2 ]1/(γ – 1)   
ρ 

 
This can be put in the form 
 

ρt  =  ρt  .  ρ0   
ρ       ρ0      ρ 
 
Tt  =  Tt   .   T0 
T       T0       T 

 
When these are done then 
 

A    =    1_ { [1 + (γ – 1)/2  Ma2] }(γ +1)/2(γ – 1)                               - (3.17a)         
At        Ma          (γ +1)/2 
 
 
mmax  =  ρtAtvt  =  ρ0 [     2___  ]1/(γ – 1) . At . √[ (2γRT0)/(γ – 1) ] 
                                      (γ +1) 
 
Putting  ρ0  =  p0 
                       RT0   
 
mmax  =  Atp0  .  √{(γ/R) [     2___  ](γ + 1)/(γ – 1) }                            - (3.18) 
             √ T0                       (γ +1) 

 
This shows that mmax depends on the stagnation pressure and temperature  
 
Note that at the throat, Ma  = 1 for choked conditions. Thus  m = mmax 
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3.2  Generation of thrust 
 
The thrust3 of a rocket is the reaction experienced by its structure due to the ejection of  
 
high velocity jet of matter. 
 

 
 
               
Consider a rocket of mass mv moving at velocity u in a vacuum. If the molecules of hot gas 
of mass  
 
Δm (written as mp in Fig. 3.3) is ejected at high relative velocity ve with respect to the  
 
vehicle, then net momentum Mo of system in the direction of vehicle motion is   
 

Mo  =  mv.u  =  Δm (u - ve)                                                               - (3.19)       
 
Differentiating with respect to time yields 
 

dMo  =  mv du  +  u d(mv)  =  Δm d(u - ve)  +  (u - ve) d(Δm)  =  0   
dt                dt         dt                    dt                            dt 

 
implying there is no external momentum change8. Note that since the hot gas ejection is a 

continuously flowing gas, 

d (Δm)  approaches   – dm  
  dt                                 dt   

 
which is rate of decrease in vehicle mass because of depletion of fuel. Note also that since ve 
(exhaust  
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velocity) is constant, its time derivative equals zero, while Δm is very small and  
 
approaches zero as its limit. Thus 
 

mv du  =  – dm . ve                                                                          - (3.20) 
      dt          dt   

                                        
Equation (3.20) is actually derived from equation (3.19)  i.e momentum in direction of 
motion is 
 

Mo  =  mv.u  =  Δm (u - ve) then 
 
dMo  = mv du  +  u dmv  =  (u – ve) d(Δm)  +  Δm d (u - ve)  as in equation (3.19) 
 dt       dt          dt                          dt                    dt   

 
It is observed that the LHS of equation (3.20) equals the net force Nf acting on the fluid  
 
element which when integrated over the control surface of the whole rocket body becomes 
 
Nf  =  – ∫(dm/ dt) ve   =  m.ve   =  w.ve   where w = weight = m.g 

                                            g 
 
This net force obtains for any true rocket engine in a vacuum and assumes a uniform  
 
exhaust velocity that does not vary across the area of the jet. 
 
- dm  is  the propellant mass flow rate m. Hence, observe that in a vacuum the thrust is  
    dt  
 
proportional to the propellant flow rate and the exhaust velocity8. 
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Ambient pressure has influence on the magnitude of the net force on a rocket in flight  
 
(Fig. 3.4). The relative thickness of the arrows indicates the relative magnitudes of the  
 
pressure forces showing that gas pressure in the combustion chamber and nozzle is  
 
greater than atmospheric pressure acting (externally) uniformly on the outer surface of a  
 
rocket chamber. The axial net force can be determined by integrating all the pressure  
 
acting on areas that can be projected on a plane normal to the nozzle axis. Note that the radial 

forces acting outward are appreciable but do not contribute to the net axial force  

because the rocket is axially symmetrical. By inspection, it can be seen that at the nozzle  
 
exit area Ae  of the engine’s gas exhaust, there is unbalance of the external environmental  
 
or atmospheric pressure pa  and local pressure pe of the hot gas jet at the exit plane of the  
 
nozzle. Assuming a rocket flight in a homogeneous atmosphere and neglecting localized  
 
boundary layer effects, the net force through integration of all pressure in control volume  
 
takes the following form13: 
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Nf  =  ∫0 ptc dA – Ae pe + Ae pa  =  w ve                                   - (3.21)  
                A

tc
                                         g 

 
From this equation, it follows that net axial force acting on the rocket will be 
 

F  =   w ve   +  Ae (pe – pa)                                                             - (3.22) 
          g 

 
Total thrust  =  momentum thrust +  pressure thrust   
 
This net force combines two terms: 
 
- momentum thrust (m.ve of the propellant) 
 
- pressure thrust Ae (pe – pa)  
 
 If pe < pa , then the pressure thrust will be negative and a lower thrust will be  
 

obtained. This is not desirable. 

 If  pe =  pa then,   

F  =   w ve                                                                                        - (3.23) 
           g 

 
giving maximum thrust for the given atmospheric pressure. This also gives optimum  
 
expansion ratio 
 
Equation (3.22) shows that the thrust of a rocket depends mostly on exhaust velocity and not 
on the flight velocity where the flight velocity is relatively small compared to the exhaust 
velocity.  
 
Because changes in the fluid pressure affect pressure thrust, and because atmospheric  
 
pressure decreases with altitude as flight progresses, the rocket thrust rises with  
 
increasing altitude. This change in pressure thrust with altitude can amount to 10 – 30%  
 
of overall thrust8. 
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Equation (3.22) is often modified and expressed as: 

F  =  C  w                                                                                 - (3.24) 
              g 

 
where C is defined as the effective exhaust velocity obtained by equating (3.22) to (3.24)  
 

Thus w  ve + Ae (pe – pa)  =  C w 
          g                                       g 
    
C  =  ve + Ae (pe – pa) . (g/w)                                                        - (3.25) 

 
The effective exhaust velocity is not the actual gas velocity except when   
 
pe = pa   which is condition for sonic flight.  
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3.3  Gas flow process in combustion chamber & nozzle 
  

 
 
Gas flow calculations from rocket thrust chamber design usually assume8 the following  
 
ideal conditions 
 
 Homogeneous gas composition 
 
 Perfect gas  used 
 
 No heat transfer (adiabatic processes). Also isentropic 
 
 No friction 
 
 Steady flow rate 
 
 One dimensional flow (and all gas molecules move in parallel lines) 
 
 Uniform velocity across any section normal to chamber axis 
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 Chemical equilibrium within the combustion chamber and remaining constant in the 

nozzle 
 
 Certain correction factors will be used for the design and prediction of the behavior of the 

rocket. 
 
 
 
The perfect gas law 
 
At any section X, the perfect gas law states: 
 

px vx  =  RTx   or     pV  =  mRT 

p = (m/V)RT = ρRT 

This equation can be used to analyze the test result by plotting Pressure against 

Temperature.   

 
Conservation of energy 
 
In an adiabatic process, the increase in kinetic energy of flowing gas between any two  
 
points equals the decrease in enthalpy. For a nozzle using a unit weight of gas flow 
 

  1 . (vx
2 – vi

2)  =  Cp (Ti – Tx)  
  2 

 
v = velocity 
Cp  = specific heat 
T = temperature 
i = inlet 
x = any section 
 
 
 
Conservation of matter 
 
Volume flow rate  =  area x velocity 

w  =   Aivi .  =   Axvx  .   =   volume flow rate        =    volume flow rate     ,    =  mass flow rate  

            Vi            Vx       flow specific volume          (vol flowrate/mass flowrate) 
 
where w = steady weight flow rate 
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Isentropic flow process 
 

P1V1
γ  =  px Vx

γ =  constant 
 
Ti  =  (pi/px)(γ – 1)/γ  =  (Vx/Vi)(γ – 1) 
Tx  
 
 

3.3.1  Gas flow through combustion chamber 
 Combustion releases the chemical energy of propellant resulting in increase in  
 
      internal energy of the gas 
 
 Combustion chamber is tubular in construction 
 
 Propellant is introduced with small axial velocity that approximates zero 
 
 Combustion process proceeds throughout the length of the chamber and is expected to  
 
       be completed at the nozzle entrance 
 
 Heat liberated increases the specific volume of gas. This accelerates the gas towards  
 
      the nozzle inlet (to satisfy conditions of constant mass flow) 
 
 Small pressure drop occurs  

 
- Thus, gas flow process within the combustion chamber is not entirely isentropic 

but rather partly irreversible, adiabatic expansion. Although the stagnation 

temperature remains constant, the stagnation pressure will decrease. This causes 

permanent energy losses, which is a function of the gas properties and of the 

nozzle contraction area ratio εc (Ac/At). 

- It has been noted that wherever the acceleration of gases is largely affected by 

expansion due to heat release rather than by a change of area, as in a nozzle, the 

stated losses occur. This implies that the gas acceleration will be efficient if the 

nozzle, rather than the combustion chamber contributes greatly to the overall 

thrust. Thus, if no nozzle is attached, maximum losses will be expected. 
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The total pressure ratio can also be expressed in terms of flow Mach number at the nozzle 

inlet and of the specific heat ratio γ. 

 
pci  =        (1 + γ Mai

2)                 .                                              – (3.26) 

pni      [1 + (γ – 1)/2 . Mai
2]γ/(γ – 1) 

 
where ci = combustion chamber inlet 

    ni =  combustion chamber outlet or nozzle inlet 
    Mai = Ma at nozzle inlet 
 

 It is desirable that Mai be small. Typically, a thrust chamber with a contraction area ratio 

of  

Ac/Ai = 2 will have a value of Mai = 0.31 (γ = 1.2). 
 
For static pressure ratio, the expression simplifies to 
 
      pci  =  1 + γ Mai

2        see equation (3.26)                                                       
pni       

 
 

3.3.2  Gas flow through rocket nozzles 
 The prime function of a rocket nozzle is to convert efficiently the enthalpy of the  
 
       combustion gases into kinetic energy and thus create high exhaust velocity of the gas.  
 
 It is the most efficient device for accelerating gas to supersonic velocities. 
 
 Rocket nozzles are conventionally of the De Laval type (convergent-divergent  
 
      nozzle). 
 
 In practice, for one dimensional isentropic expansion (ODE) calculations, it is  
 
assumed that the gas flow through the nozzle will be an isentropic expansion and that  
 
both the total temperature and the total pressure will remain constant throughout the  
 
nozzle. 
The pressure ratio (pt /pc)ns between the throat and chamber is called the critical pressure  
 
ratio and is solely a function of specific heat ratio. It is given by  
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 pt        =  [2/(γ + 1)]γ/(γ – 1)                                              - (3.27) 
(pc)0    

Also, the temperature ratio at throat is given by 
 

Tt        =  [2/(γ + 1)]                                                        - (3.27a) 
(Tc)0    

where  (pc)0 =  chamber stagnation pressure or nozzle stagnation pressure. 
 
The static pressure pt at a nozzle throat with sonic flow where the maximum weight flow  
 
per unit area occurs, is defined as critical pressure. 
 
 The velocity of sound is equal to the velocity of propagation of a pressure wave  
 
within a medium hence Ma = 1. 
 
 It is therefore impossible for a pressure disturbance downstream of the nozzle throat  
 

to influence the flow at the throat or that upstream of the throat provided that this  
 
disturbance will not create a higher throat pressure than the critical pressure. 

 
 It is one of the characteristic features of an attached diverging or De Laval nozzle,  
 

however, that sonic velocity in the nozzle throat is maintained even if the back  
 
pressure (ambient pressure) at the nozzle exit is greater than the pressure required at  
 
the throat for a sonic velocity. As a result, a pressure adjustment (recovery) must take  
 
place between the throat and the nozzle (ambient pressure). This adjustment may take  
 
place through subsonic deceleration (isentropic) or by way of non-isentropic  
 
discontinuities called shock waves, or a combination of both. 
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 Pressure lower than ambient may be present in a supersonic nozzle. The higher  

 
ambient pressure cannot advance upstream within the nozzle since the gases are  
 
flowing with supersonic velocity. An exception to this is in the region of the flow  
 
along the nozzle wall, where, due to friction, a boundary layer of slow-moving gases  
 
may exist. In this subsonic boundary layer, ambient pressure may advance for a  
 
distance, forcing the low pressure centre jet away from the walls. It might be expected  
 
that the point of separation will be at the point of optimum expansion, but separation  
 
usually occurs further downstream. 

 
 In fact, it rarely occurs at all in conventional rocket nozzles within designed region of  

 
operation, unless an extreme case of over expansion exists or unless excessive nozzle  
 
divergence angles are chosen. 

 
 Thus, in many cases it is correct to base all nozzle calculations on the assumption8 that  

 
no separation occurs, that is, that the nozzle is filled at all stations. 

 
 Some useful8 relations for ideal gas flow through a rocket nozzle take the following  
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form:                
 

ve  =  √{(2γ)/(γ – 1) . RTi [1 – (pe/pi) (γ – 1)/γ] + vi
2}                      - (3.28) 

 
ve  =  √{(2γ)/(γ – 1) . R(Tc)0 . [1 – (pe/(pc)0) (γ – 1)/γ]}                  - (3.29) 
 
i.e. ve

2  =  Cp [(Tc)0 – Te  ] 
       2g                         
 
ve

2  =  Cp(Tc)0 [1 – Te ] 
2g                            (Tc)0 

 
where   Te   =  [pe/(pc)0](γ – 1)/γ 
           (Tc)0 

and 

ve = theoretical exit velocity  

Theoretical gas mass flow rate, m 

m  =  At(pc)0 √{γ[2/(γ + 1)] (γ + 1)/(γ – 1)}                                        - (3.30) 
                          √R(Tc)0 

 
Theoretical nozzle expansion ratio 
 

εe  =  Ae  =   [2/(γ + 1)]1/(γ – 1) [(pc)0/pe] 1/γ                   .                   – (3.31) 
         At        √{(γ + 1)/(γ – 1) . [1 – (pe/(pc)0) (γ – 1)/γ} 

 
At the throat: 
 

pt  =  (pc)0 [2/(γ + 1)] γ/(γ – 1)                                                            - (3.32) 
 
vt  =  √{(2γ)/(γ + 1) . R(Tc)ns }                                                        - (3.33) 

 
At any section X between nozzle inlet and nozzle exit 
 

Ax   =     1   √{[1 + (γ – 1)/2 . Max]/[ (γ + 1)/2]}(γ +1)/(γ – 1)             - (3.34) 
At          Max      

 
At any section X between nozzle inlet and nozzle throat  
 

Ax   =  {2/(γ + 1) [(pc)0/px] (γ – 1)/γ}(γ +1)/ 2(γ – 1)                                 - (3.35) 
At           √ {2/(γ – 1) {[(pc)0/px] (γ – 1)/γ  – 1 

 
 



 36 

At any section X between nozzle throat and nozzle exit 
 

Ax   =   [2/(γ + 1)] 1/(γ – 1) [(pc)0/px] 1/γ                 .                          – (3.36)  
At           √{[ (γ + 1)/(γ – 1)]{1 – [px/(pc)0] (γ – 1)/γ}} 
 
vx   =  √{(2gγ)/(γ – 1) . R(Tc)0 {1 – [px/(pc)0] (γ – 1)/γ}}                - (3.37) 
 
(vx/vt) =     √{[ (γ + 1)/(γ – 1)]{1 – [px/(pc)0] (γ – 1)/γ}}                     - (3.38)        

            
 
 
3.4  Performance parameters of rocket engine (e.g. liquid propellant)8 

 
3.4.1 Specific impulse  

Specific impulse is an important performance parameter used in rocket design. It is the thrust 

that can be obtained from an equivalent rocket which has a propellant weight flow of unity or 

1. It is given by  

Impulse   Isp  =   F/(mg)  =  C/g  =  c*cf/g 

The ideal specific impulse can be calculated for a given propellant and motor from the 

relation 

Isp  =  √{(2γ)/[g2(γ – 1)] . R/M . (Tc)0 . [1 – (pe/(pc)0) (γ – 1)/γ]}                - (3.39) 

 
Specific Impulse denotes efficiency. It contributes directly to the final velocity of the  
 
vehicle at burn out and thus has a pronounced effect on range or size of payload, or both.  
 
It is important to state whether a specific impulse quoted refers to the thrust-chamber  
 
assembly only or to overall engine system (Is)oa. As a rule (Is)tc will be higher than (Is)oa  
 
by 1 to 2% 
  
 The engine specific impulse, along with the vehicle mass ratio, determines the  

performance of a space vehicle. Mass ratio Rm is defined by 

Rm  =  initial vehicle weight/burn out weight 
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Rm  =  gross weight just before engine ignites                                 - (3.40) 
          Gross weight of propellant consumed 
 
This is used in rocket equation to calculate the ideal delta-v or ∆v: 
 

∆v  =  g . Is . ln (Rm)                                                                        - (3.41) 
 
 ∆v is the velocity increment that will be added to a vehicle in free space with the  

 
engine firing axially. In most real applications, the actual velocity increase will be  
 
less than the ideal value. 

 
 A launch from the earth’s surface to low orbit will experience velocity losses due to  

 
Atmospheric drag, gravitation, and non-axial thrust (due to engine gimballing to  
 
provide steering). For example, velocity required to maintain a circular orbit at an altitude  
 
of 100 n.mi is about 7802.88 m/s. A launch vehicle, however, must typically provide an  
 
ideal ∆v of about 9144 m/s to attain this orbit. 

 
 For a multistage vehicle, equations for Rm and ∆v must be applied to each stage  

 
individually. The burnout weight of each stage will be reduced by the stage inert  
 
weight to get the weight of the next stage. Then  

 
∆vtotal   =   ∑ (∆v)individual stage 
 
(Is)tc   =   F/wtc                                                                                - (3.42) 

 
but     F   =   C . (w/g) where C  =  effective exhaust velocity. Hence 
 

(Is)tc   =  C . (w/g) . (1/w)  or 
 

(Is)tc   =   C/g                                                                                   - (3.43) 
 
If   C  =  c*cf   where c* is a parameter primarily used to rate the propellant combustion  
 
performance, and cf is the thrust coefficient used to measure the gas expansion  
 
performance through the nozzle to determine thrust amplification. Then  
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(Is)tc   =   (c* cf)/g                                                                           - (3.44) 
 
 Rm and Is are important to missile and space vehicle builders but c* and cf are of great  

 
and early importance to the engine and thrust chamber designer and developer. 
 

 
 
3.4.2  Characteristic velocity   c* 
 
In a system with sonic velocity at the throat, the quantity c* reflects the effective energy  
 
level of the propellants and the design quality of injector and combustion chamber. 
 

c*   =   (pc)0 At ,                                                                        - (3.45) 
                  mtc 

 
This shows that c* measures combustion performance in a given thrust chamber by  
 
indicating how many kilograms per second of propellant must be burned to maintain the  
 
required nozzle stagnation pressure. A lower value of propellant consumption m under  
 
the given condition indicates a combustion process of higher energy and efficiency and  
 
gives a correspondingly higher value of c*  
 
use equation (30) to get 
 

c*   =   √[γR (Tc)0]                ,                                                    - (3.46)    
              γ√[2/(γ + 1)](γ +1)/ (γ – 1) 

 
This equation shows that c* is a function of the properties of the product gas at the exit of the  
 
combustion chamber (i.e. nozzle inlet) namely γ, R, and (Tc)0. Equation (3.45) shows that a 

higher c* value will be desirable and equation (3.46) shows that it is related to R and  (Tc)0 

by 

c*  ≈ √[R (Tc)0] where R  =  R0/M (R0 = universal gas const; M = molecular weight of 

propellant). Thus  

c*  ≈  √[ (Tc)0/M]  
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To increase c*, either (Tc)0 is increased or M is reduced. Increasing chamber temperature will 

introduce undesirable results due to some instability that will arise at very high temperatures. 

Reducing M implies the use of a rich mixture. 

 

3.4.3  The L-star or characteristic length L*  

The L-star is a useful parameter relative to chamber volume and residence time. It is given by 

  L*   = Vc/At  =  wtc V ts/At                                            

L* is a function of the residence time since At is nearly directly proportional to the product of 

Wtc & V. 

 

3.4.4  Thrust coefficient cf 
The quantity cf reflects the product gas expansion properties and design quality of the  
 
nozzle. Combining equations 3.42, 3.44, and 3.45 the expression for theoretical cf may be  
 
written as: 
 

(Is)tc   =      F    = c*c  ;  c* = (pc)0 At       
               (wtc)      g                      mtc 
 
(Is)tc  = cf  . (pc)0 At       or   cf =     F g    . . mtc 
             g       mtc                          (pc)0 At    wtc 
 
cf   =      F                                                                                         - (3.47) 
          At (pc)0  

 
This form shows that cf measures the force augmented by the gas expansion through the  
 
nozzle as compared to the force which will be generated if the chamber pressure acted  
 
over the throat area only. It is obvious that the product At (pc)0 is a measure of the thrust that 

can be generated if the chamber pressure were to act on the throat sectional area. Hence, 

equation (3.47) shows that cf compares thrusts to obtain a magnification factor8. By 
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combining equations 3.23, 3.29, 3.30, & 3.47 the equation for theoretical cf at any altitude 

may be written in the following form: 

 
cf  = √{[2γ2/(γ – 1)][ 2/(γ + 1)](γ +1)/ (γ – 1) {1 – [px/(pc)0] (γ – 1)/γ}} + є [(pe – pa)/(pc)0]       -(3.48) 
 
єe = Ae/At ;   Ae = exit area,    At = throat area 
 
equation 48 shows that cf  is a function of γ, pc,  pa, & ε 
 
 In actual operation, the true value of  (pc)0 cannot be measured. It is mathematically  

 
converted from the measured value of the gas static pressure at injector pinj (for liquid  
 
propellant) and its accuracy has to be verified by test results. 

 
 To understand better the nature of cf  and the design parameters that influence it, first  

 
rearrange equation 47 as follows 

 
F    =    (pc)0 At cf                                                                         - (3.49) 

 

The equation indicates that thrust generated in thrust chamber is produced by pressure as a 

function of the physical properties of the chamber. The following steps will explain the 

effects not the principal design parameters. 

 Assume that the work seeks to generate a certain thrust F and that the chamber is a 
straight cylinder. 
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      Ac  = Ai = At   = Ae     - (3.50) 

It will be observed that at the exit, there will be no part of the chamber for the pressure to act 

upon. The pressure acts on the injector plate area. Since  Ai  = At then  

            Fcyc  = Pinj. At                        - (3.51)   

If (Pc)ns and Pinj are pressure at nozzle entry and at injection surface of combustion chamber, 

there will be some pressure drop in a real engine.  

Hence assume cfi is a correction factor to be used for the loss, since (Pc)ns < Pinj, e.g. if 

(Pc)ns/Pinj = 0.8, then cf1 = 1.25 will be needed to offset the introduction of (Pc)ns. 

(Pc)0/Pinj = 0.8  or (Pc)0/0.8  = Pinj 

A combustion chamber should be able to produce the required pressure (Pc)0 with a flow rate 

for which the magnitude is determined by c and Ae.  From equation. (3.46) then  

(Pc)0 =  wtc.C.    1                                                                                    -(3.52) 
                       At.g 

 
However, in actual practice it is better to tentatively take the value of c for a given propellant 

combination from existing experience. 
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The added convergent section of the redesigned chamber will increase the velocity of the 

fluid. 

 

3.5  Summary of influence of parameters, pa, ε, γ, r & (pc)0 on engine performance 
 

Pa: Vacuum thrust F is reduced by ambient pressure Pa by an amount Pa.Ae; the lower the 

Pa, the higher the thrust. Maximum thrust is obtained in vacuum. 

ε: When nozzle expansion area ratio ε = Ae/At is such that Pe = Pa, the optimum thrust 

will be obtained. Unfortunately, since Pa is not constant with altitude, it is difficult to 

have one ε as optimum. Here, trajectory will be compromised for payload. 

γ: This is an index for estimating the energy storing capacity of the gas molecule. A 

smaller γ value indicates higher energy storing capability which in turn gives higher 

engine performance; a smaller γ will yield higher C and cf. 

R:     (R = R0/M J/kg k): A higher value of R will yield a higher engine performance i.e. for 

constant (Tc)0, c will increase if R increases or when the gas molecular weight 

M decreases. 

(Pc)ns: The effective chamber pressure or stagnation pressure (Pc)0 will increase 

thrust if it increases. Also, increasing (Pc)0 will result in increase in (Tc)0 and 

c*. 

 
3.6  Correction factors and magnitudes of engine performance parameters 
 
 Because of friction effects, heat transfer, non-perfect gases, non-axial flow, non- 

 
uniformity of working fluid, flow distribution and shifting gas composition, the actual  
 
performance of a rocket engine will differ from a theoretically determined one. Gas  
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properties (γ, molecular mass M, and R) are not truly constant along the nozzle axis  
 
as isentropic treatment of the processes assumes. Correction factors must therefore be  
 
applied to the performance parameters derived from theoretical assumptions. Some of  
 
the important correction factors are: 

 
 
3.6.1  Correction factor (CF) for thrust and the thrust coefficient 
 

ηf   =  actual thrust coeff    =   actual thrust                                        - (3.53) 
           ideal thrust coeff           ideal thrust 

 
Values of ηf  range from 0.92 to 1.00 
 
 
3.6.2  CF for effective exhaust velocity and specific impulse 
 

ηv   =   Actual effective velocity    =    Actual Is                                - (3.54) 
            Ideal effective velocity               Ideal Is 

 
Values of ηv range from 0.85 to 0.98 
 
 
 
3.6.3  CF for characteristic velocity 
 

ηv*   =   Actual characteristic velocity                                               - (3.55) 
              Ideal characteristic velocity 

 
Values of ηv* range from 0.87 to 1.03 

 

3.6.4  CF for propellant mass flow rate 

        ηw  = Actual prop. Mass flow rate                                               - (3.56) 
                ideal prop. Mass flow rate 

        

         0.98 ≤  ηw   ≤ 1.15 

 The relation among CF may be expressed as follows 

ηv  = ηv  ηf                                                                                                                               - (3.57) 



 44 

 ηv   =   1 
            ηw                                                                            - (3.58) 

 
 

3.7  Preliminary Design Analysis 

The design goal is to meet all of the mission requirements using least mission cost.  Desired  

characteristics of a rocket engine include high thrust-to-weight ratio and high thrust per unit 

of flow rate (Is).  These can lead to lower cost per kilogram of payload in orbit. 

3.7.1  Conical Nozzle 

 

Throat   

The conical nozzle design will utilize known optimal parameters8 like: 

 Throat has the contour of a circular arc with radius R ranging from 0.5 to 1.5 times the 

throat radius Rt. I.e. 

0.5 Rt  ≤ R ≤ 1.5 Rt                                                                      -  (3.59) 

 Half angle  α (written as “a” in fig 10) of the nozzle: 
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- Convergent cone section can range from 20 to 45 

20 ≤  αconv  ≤  45                                                                 -  (3.60)              

- Divergent cone section varies  from approx 12 o to 18o 

             12  ≤   αdiverg   ≤   18                                                         -  (3.61)              

NOTE: α is usually 15o  as it offers a good compromise on the basis of weight, length, and 

performance.     

 Length of conical nozzle section, from throat to exit (divergent) or from nozzle inlet to 

throat (convergent), can be expressed by  

 
Ln =  Rt (√ α – 1) + R (secα  - 1)                                             -  (3.62)                           

                  Tan α 
 
Theoretically, it is assumed that the lines of travel of exhaust gas jet in the conical nozzle are 

parallel and their velocities are axial. In practice, this is not the case, hence performance 

losses will occur as a result of the non-axial components of the exhaust gas velocity. To 

account for the losses, a correction factor λ will be introduced in the design. It is given by 

                 λ =   ½  (1 + cos α)                                                       -  (3.63)                           

For ideal nozzle,  λ  = 1 

 

3.7.2  Bell nozzle 

To reduce the effect of non-axial flow, the divergent region of a nozzle can be shaped like a 

bell to offer higher performance, shorter length, fast expansion (radial flow), and uniform 

axial flow. This is beyond the scope of this project but can be taken up later. 
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Thrust chamber configuration layout 

After major thrust chamber operating parameters such as type of propellant, thrust level, 

chamber pressure, cf, c* & Is have been established from engine system requirements and 

performance calculations, one of the fundamental dimensions of the thrust chamber, the 

throat area can be readily derived.  The throat area At is usually the starting point of a thrust 

chamber configuration layout.  The combustion chamber and nozzle section are commonly 

designed as an integral thrust chamber.  A thrust chamber will have the general shape of a 

pressure vessel with wall surfaces of rotation and smooth contours. 

 

Generally, the elements of a thrust chamber are as shown in Fig 3.11. 

Note that the angles: 

 a = α  and b = θ  
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3.7.3  Propellant 

Propellants that are liquefied gases of low boiling points at ambient pressure and low critical 

temperature (260 to 478oK) are classified as cryogenic propellants. They generally exist as 

gases at ordinary temperatures or as mixtures of gases. 

They pose storage and handling problems and will require elaborate insulation to minimize 

losses due to boil off.  They will also require adequate venting systems to control changes 

that might result from overpressure.  Generally, such storage and handling equipment are 

extremely sensitive to atmospheric changes like moisture, as these can lead to malfunctioning 

of fittings or devices, like jamming of valves.  Similarly the mechanical design of engine 

components for cryogenic – propellant applications must consider the very low temperatures 

that are involved.  LPG belongs to this group and is used for this design. 

 

3.7.3.1  Other types of propellants are: 

* Mono-propellants which may be a mixture of oxidizer and combustible matter.  It 

must possess qualities to produce hot combustion when pressurized, heated or fed 

through a catalyst.  Their advantage is in the simplicity of tankage, feed plumbing, 

flow control and injection.  However, they are relatively low performance fuels and 

are used as secondary power sources in rocket engine systems.  Example is hydrogen 

peroxide (H2O2). 

* Bipropellants in which the oxidizer and fuel are stored in separate tanks.  The mixture 

takes place in the combustion chamber and will require an igniter which may be in 

the form of a spark or spontaneously ignitable fluid ahead of the main propellants. 
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* Hypergolic propellants are in fact bipropellants that ignite spontaneously upon 

mixing.  The hazard here is that accidental mixture of the propellants will result in 

fire or violent explosions.  Stringent measures will then be required to prevent 

equipment or tank failures and the process is best handled from the design stage. 

* Storable propellants are stable over a reasonable range of temperatures and pressures.  

They are sufficiently non-reactive with construction materials and thus permit storage 

in closed containers. Their advantage is that they offer opportunities for reliability as 

the rocket will be ready for use at any time.  They are best suited for military 

vehicles. 

* Additives are sometimes added to enhance some desired properties like cooling, to 

depress freezing, to reduce corrosion and to facilitate ignition or to stabilize 

combustion.  

 

3.7.3.2  Optimum mixture ratio 

 As a rule, the optimum mixture ratio of fuel and oxidizer must be richer8 than the 

stoichiometric mixture ratio, theoretically to see that all the fuel is completely oxidized and 

yield maximum flame temperatures.  The reason behind this is that a gaseous propellant 

mixture (e.g. air and fuel) that is slightly richer in fuel tends to have a lower molecular 

weight, which results in higher overall engine system performance.  Pressure adjustments can 

achieve optimum mixture ratio. 
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3.7.3.3  Density impulse  

The propellant performance parameter called density impulse expresses the total impulse 

delivered per unit value of the propellant and defined as  

density impulse  =  Is.d(s)                                                             -   (3.64)  

where d = bulk density or propellant combination’s specific weight  

 d = (rw  -  1)/[(rw/do) + (1/df)]                             -(3.65) 
   
rw  =  (oxidizer/fuel) weight mixture ratio 

do  = bulk density of the oxidizer, specific weight  

df  =  bulk density of the fuel, specific weight. 

3.7.3.4  Propellant performance and physical properties  

The objective of propellant performance calculations is to derive the quantities c*, cf, and Is 

and these are obtained from evaluation of the flame or combustion chamber temperature 

(Tc)ns, molecular weight M, and specific heat ratio γ for a given chamber pressure (Pc)ns, exit 

pressure Pe and ambient press Pa.  It also gives a guide on how the propellant is introduced 

into the combustion chamber. Generally, due to certain losses and considerations, theoretical 

Is should be reduced by 3-12% to account for incomplete combustion, reaction kinetic losses, 

nozzle divergence losses, boundary drag layer losses.  

 Optimum expansion at 

 Pc  =  68.95 bar   and  Pe  =  1.013 bar for methane, ethane and ethene are provided in 

the table below where 

d = bulk density (kg/m3); Iopt = theoretical specific impulse (s); r = propellant oxidizer/fuel 

mixture mass ratio; Tc = chamber temperature (oC); C* = characteristic velocity (m/s) 
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Table 1: Optimum performance parameters for methane, ethane and ethene 
 

 CH4 C2 H6 C2  H4 

Iopt 309.6 306.7 311 

r 3.21 2.89 2.28 

Tc 3260 3320 3486 

d 820 90 880 

C* 1857 1840 1875 

 

For other pressures, approximate Iopt by multiplying it with the factors in Table 2  

Table 2: Factors for adjusting to pressures less than 68.95 bar    

Pressure (bar) 68.95 62.05 55.16 48.26 41.37 34.47 27.58 20.68 

Factor 1.0 0.99 0.98 0.97 0.95 0.93 0.91 0.88 
    

3.8 System Design 

The design of a thrust chamber is difficult primarily because of inadequate understanding of 

combustion within the thrust chamber.  This makes analysis difficult and imprecise.  Also, 

under certain conditions, shock and detonation waves may be generated by local disturbances 

in the chamber caused possibly by fluctuations in mixing or propellant flow.  This can lead to 

pressure oscillations and flame instability.  

 

3.8.1  Performance calculations  

The calculation of thrust chamber performance is based on theoretical propellant combustion 

data and some correction factors. 
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3.8.2  STEPS 

1. Determine the major design thrust chamber operating parameters. 

2. Using cf =    F                                          
    At (Pc)ns 
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 Determine At. 

 The throat area is the starting point of thrust chamber configuration layout. 

3. Determine combustion chamber volume which in practice, has been arbitrarily 

defined as the space between the injector face and the nozzle throat8 (of lengths Lc and Lnc in 

Fig 3.11). The combustion chamber ensures complete mixing and combustion of the 

propellant by retaining it for a sufficient residence time. Conditions that affect rate of 

combustion are the propellant combination, injection, combustor geometry, Mach number, 

turbulence, cooling, pressure, temperature and the design. The required combustion chamber 

volume is a function of propellant flow rate, density of combustion products and resident 

time.  

  It is given by  

 Vc  =  wtc.V ts 

 Where  Vc  =  chamber volume m3  

 wtc  = propellant mass flow rate kg/s 

 V  =  average specific volume m3/kg 

 ts  =  residence time, s 

Approximately, volume of combustion chamber can be expressed as 

Vc  =  At{Lc εc + 1/3.[√(At/π)]cot θ (εc
1/3  –  1)}               - (3.66)            

The total surface area of the combustion chamber walls, excluding the injector face can be 

approximated by the expression 

Total surface area   =   2 Lc √(π εc At) + cosec θ (εc – 1) At            - (3.66a)            

However, the L- star or characteristic length L* is a more useful parameter relative to 

chamber volume and residence time. It is given by 
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  L*   = Vc/At  =  wtc V ts/At                                - (3.66b)            

L* is a function of the residence time since At is nearly directly proportional to the 

product of Wtc & V. The customary method of establishing the L* of a new thrust 

chamber design relies on past experience with similar propellants and engine size. For 

a given set of operating conditions, such as type of propellant, mixture ratio, chamber 

pressure, and chamber geometry, the minimum value of L* can only be evaluated by 

actual firing of an experimental thrust chamber. L* values of about 380 to 3050 mm 

have been used in the past8. The value of c* increases to asymptotic maximum (see 

Fig 3.14 below) with L* and further increase of L* beyond a certain point will tend to 

decrease the overall engine performance. This is because: 

 - Larger L* gives higher thrust chamber volume and weight. 

 - Larger L* creates more surface area in need of cooling and may increase  

thermal losses. 

- Larger L* increases friction losses in combustion chamber, reduces, nozzle 

stagnation pressure and thrust. 

 



 54 

4.       Decide on combustion chamber shape.  In actual practice, a long chamber with a small 

cross section entails high non-isentropic pressure losses, space limitation on injection design.  

Typically, large engines come with low contraction ratio and a long length.  Smaller 

chambers employ large contraction ratio and shorter length. For hydrocarbon fuels, L* varies 

from 1.27 metres for small rockets to 2.54 metres  for large ones 

 

3.8.2.1  Determination of combustion temperature:  

Since propellant is mainly propane, assumed, the combustion equation will be 

C3H8  + 5O2               3CO2   + 4H2O (Oxygen used)                    - (3.68) 

            44 kg  +  160 kg         132 kg  +  72 kg 

Then, oxidant/fuel ratio O/F = r = 160/44 

O/F ratio r = 3.64      Stoichiometric value 

But for rocket engines, the oxidant fuel mixture must be slightly rich. Assuming 80% of 

oxidation, then  

0.8 x 5 kmoles of O2  =  4 kmoles to be used. Thus combustion equation to be used is 

C3H8 + 4O2              2CO + CO2 + 4H2O                                - (3.68a) 

 44 kg   128 kg          56 kg   44 Kg    72 kg 

thus  

 r  =  O/F  = 128/44  = 2.91  =  mo/mf 
                                                          
The molecular weight M of the product gases will be given by the relation 

M  = ∑ (ni/n)*Mi
   where n = ∑ ni  =  2+1+4  =  7 kmoles, ni = number of moles of the  

 
constituents 
 
M  =  1/7 x [2 x 28 + 44 + 4 x 18] 

      =  24.57 kg/kmol 
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the product gas constant R will be 

R  =  R0/M  =  8314.5/24.57 

R  =  338.38 J/kmol K 

The adiabatic flame temperature (AFT)14 which is the maximum possible combustion 

temperature is calculated from the combustion equation in appendix D from which the actual 

temperature is found to be 3225 oC.  

3.8.2.2  Determination of ratio of specific heats γ  

The average value for the ratio of specific heats γ for the flow through the nozzle is 

determined from knowledge of Cp  

Cp = 1 . (nco Cpco + nco2 Cpco2 + nh2o Cph2o) 
         nt 

nt = sum of kmols of gaseous products of combustion, and Cpi for individual components are 

given by 

Cpco = 69.145 – 0.7046 θ0.75 – 200.77 θ-0.5 + 176.76 θ-0.75 

Cpco2 = -3.736 + 30.529 θ0.5 – 4.1034 θ + 0.024198 θ2 

Cph2o = 143.05 – 183.54 θ0.25 + 82.751 θ0.5 – 3.6989 θ   

where Cpco, Cpco2, and Cph2o are individual components of combustion, 

 θ = T/100 and valid in the range of 300 – 3500oK 

Thus, substitute values for Tnc = 3225 in combustion chamber to get 

 Cp = 51.76 

Hence,  γ  = Cp/(Cp – R0) = 1.191     where R0 = 8.314 

Using P0 = 20 bar, Pe = 1.01 bar, the exit temperature will be given by 

Te = T0 (Pe/P0)(γ-1)/γ 

Te = 1996.5oK. 
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This exit temperature will be plugged back iteratively to obtain θ for exit temperature and 

thus exit Cpe = 48.123 

Then, average Cpav = (51.764 + 48.123)/2 = 49.944 

Plug in this average Cpav to find γ = 1.1997 

The iteration is repeated by using the new γ to determine new Te and thus new Cpav and new γ 

until γ converges to a particular value. This was found to be  

γ = 1.2 and exit temperature Te = 1962oK  (see appendix at the end) 

Determine characteristic velocity c* from eqn 46 
 
C*  =  √[γR(Tc)ns]                 . 
        γ  √[2/(γ + 1)](γ + 1)/(γ – 1) 
 
   =  √(1.2 x 338.38 x 3224) 
       1.2 x √[2/(1.2 + 1)]2.2/0.2 
 
c*  =  1610.78 
 

3.8.2.3  Determination of thrust coefficient cf  
 
cf  =  √{[(2γ2)/(γ - 1)][2/(γ + 1)](γ + 1)/(γ - 1){1 – [pe/(pc)0](γ - 1)/γ }} + ε [(pe – pa)/(pc)0] 
 
If pe = pa then 
 
cf  =  √{(2 x 1.22)/(0.2)[(2/2.2)](2.2/0.2){1 – [1.013/20]0.2/1.2 }} + 0 
 
    =  1.41 
 
Using cf correction factor of 0.96, then over all (see equation 3.53) 
 
cf  = 0.96 x 1.41  =  1.35 
 
 
3.8.2.4  Determination of thrust chamber specific impulse (Is)tc 
 
(Is)tc =  c*cf   thrust chamber Is 
               g 
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(Is)tc   =   1610.78 x 1.35  
                      9.81 

    =   221.64 s 

Now  Isp = Thrust/Propellant flow rate = F/mg 

3.8.2.5  Assume a desired thrust of 10000 N (i.e. designing for 10000 N thrust) 

 
3.8.2.6  Determination of flow rates 

m   =    F/gIsp = 10000/(221.64 x 9.81) 

m  =  4.6 kg/s 

where m = flow rate of propellant 

But m = mf  + mo    

m  =   mo (mf /mo  +  1) 
                    
 m    =  mo (1/r + 1) 

4.6  =  mo (1/2.91 + 1) 

mo  =  3.42 kg/s; hence 

mf   =  1.18 kg/s   

 

3.8.2.7  Determination of throat area At  

 cf  =        F  . 
                                  At(Pc)ns        
         or 

 At  = F/[cf.(Pc)ns] =    10000/(1.35 x 20 x 105)   

  = 0.003704 m2 

 But At  = πdt
2 

     4 
dt  = √(4At /π) =    √ (4 x 0.0037/π) 

  dt   =  0.0687 m =  6.87 cm 
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Throat radius then is 

Rt =  dt/2  =  3.44 cm 

 

3.8.2.8  Determination of throat pressure pt 

Throat pressure  is given by eqn 27 

 pt      =  [2/(1.2 + 1)]1.2/(1.2 – 1)                                           
 20   
pt   =  0.564(pc)ns    
 
     =  11.28 bars 
 
Tt  =  0.91Tnc  =  0.91 x 3225    (Tt / Tnc) = 2/(γ+1) 

                 =  2934.7 oK 

from eqn 30 

m  =  At(pc)ns √{γ[2/(γ + 1)] (γ + 1)/(γ – 1)}                                         
                          √R(Tc)ns 

 

m  =  0.0037 x 20 x 105 √{1.2 [2/(1.2 + 1)] (1.2 + 1)/(1.2 – 1)}                                         
                                             √(338.38 x 3225) 
 
    =  4.59  kg/s 

 

from eqn 18 

 
mmax  =  Atp0  .  √{(γ/R) [     2___  ](γ + 1)/(γ – 1) }                             
             √ T0                       (γ +1) 
 
       =   0.0037 x 20 x 105 √{(1.2/338.38) [     2___  ](1.2 + 1)/(1.2– 1) }                             
                    √ 3225                                        (1.2 +1) 
 
mmax  =  4.59 kg/s 
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3.8.2.9  Determination of throat velocity 

from eqn 33 

vt  =  √{(2γ)/(γ + 1) . R(Tc)0 } 

vt  =  √{(2 x 1.2)/(1.2 + 1) x 338.38 x 3225} 

1091.1 m/s 

Mat = vt/√(γRTt) = 1091.1/√ (1.2 x 338.38 x 2931.8) 

Mat = 1.00 

 

3.8.2.10  The theoretical nozzle expansion ratio εe is given by equation 31 

εe  = Ae/At where Ae = exit area                   

єe  =  Ae  =   [2/(γ + 1)]1/(γ – 1) [(pc)0/pe] 1/γ                   .                   
         At        √{(γ + 1)/(γ – 1) . [1 – (pe/(pc)0) (γ – 1)/γ} 
 

If pe = pa = 1.013 bar, and (pc)ns = 20 bar then 

 

єe = {[2/(1.2 + 1)]1/(1.2 – 1) (20/1.013)1/1.2}/√{(1.2 + 1)/(1.2 – 1) [1 – (1.013/20)(1.2 – 1)/1.2} 

    =  3.592 

 

3.8.2.11  Determination of exit area 

Also εe =  de
2 /dt

2   (note that ratio of circular areas = (πd1
2/4)/(πd2

2/4) = d1
2/d2

2)               

or   de = dt √εe 

 de  = 6.866 √3.592 

     = 13.01 cm 

Re  = 6.506 cm = exit radius 

Ae = 0.003324 m2 
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3.8.2.12  Determination of exit velocity/conditions 

From eqn 29 

ve  =  √{(2γ)/(γ – 1) . R(Tc)0 . [1 – (pe/(pc)0) (γ – 1)/γ]}                   

ve  =  √{(2 x 1.2)/(1.2 – 1) x 338.38 x 3225 x [1 – (1.013/20) (1.2 – 1)/1.2]} 

           =  2264.91 m/s 

Design exit pressure  =  1.013 bar  

            Te   =  [pe/(pc)0](γ – 1)/γ 
           (Tc)0 
 
            Te   =  [1.013/20](1.2 – 1)/1.2 
           3225 
 
         Te  =  1961.67 oK 

Mae = ve/√(γRTe) = 2264.911/√ (1.2 x 338.38 x 1961.67) 

Mae = 2.54 

 

3.8.2.13  Assume L* 

Using L* = 0.38 m = 38 cm 

Note: 38 cm is being used arbitrarily here. This is because L* depends on experimental 

results of chosen fuel. (such information is not readily available at the moment for propane)  

Volume of combustion chamber plus volume of convergent section of nozzle is given by  

Vc  = L*At  

            = 0.38 x 0.00370411 

    = 0.001408 m3 

 

3.8.2.14  Convergent section of nozzle: 

Using a convergent half  angle of 30o, contraction area ratio of єc  = 2, circular radius  R = 

1.5Rt, the nozzle contour upstream of throat is as follows: 

 

3.8.2.14.1  Cylindrical (combustion) chamber diameter 

Dc  = dt √єc derived  from Ac/At   =  єc  =  4dc
2 

                                                                   4dt
2 
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so, dc = 6.866√2 

:. dc  = 9.71 cm 

:.Rc  = 4.86 cm 

 

3.8.2.14.2  Determination of convergent cone length  

Lnc  =   Rt(√єc – 1) + R(sec α – 1) 
                         tan α 
 
assume contour radius R = 1.5 Rt 

nozzle half angle α  = 300 then  

Lnc  =   0.03433 x (√2 – 1) + 1.5 x 0.03433 x (sec30 – 1) 
                                    tan 30 

Lnc = 0.0384 m  = 3.84 cm 

 

3.8.2.15  Estimation for combustion chamber volume 

Using a cone frustum volume equation, the volume of the convergent cone section of nozzle 

is given by 

 

Vnc = (π/3)Lnc [Rc
2 + Rt

2+RcRt] 

Vnc  = (π/3) x 0.0384 [0.048552 + 0.034332 + 0.04855 x 0.03433] 

 = 0.000209 m3 

hence volume of cylindrical section of combustion chamber is  

Vcc = Vc - Vnc   

= 0.001408 – 0.000209 

=  0.001199 m3 

 

3.8.2.15.1  Required length for combustion chamber cylindrical section of the thrust 

chamber Lcc is  

Lcc = Vcc   =     0.00169282 
          єcAt        2x 0.00370411 
 
Lcc = 0.1618 m  =  16.18 cm 
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3.8.2.16  Divergent section of nozzle 
 
Nozzle contour downstream of the throat will be a circular arc of radius R = 0.382Rt.  
 
By definition, the divergent nozzle length Lnd will have 15o half conical angle. 

 
3.8.2.16.1  Determination of divergent nozzle length 
 
Lnd  =    Rt(√єe – 1) + R(sec α – 1) 
                               tan α 
 
where R = 0.382Rt. 

 
Lnd  =   0.03433(√3.592 – 1) + 0.382 x 0.03433(sec15o – 1)  
                                               tan 15o 
 

    = 0.1164 m  = 11.64 cm     

 

3.8.2.17  Stresses 

Mild steel is used for the production. 

Elastic limit of mild steel σE = 280 N/mm2 

Ultimate tensile strength of mild steel = 480 N/mm2 

Assume a safety factor of 3 

 

3.8.2.17.1  Approximate wall thickness t of the combustion chamber is obtained from15 

σE = (3 x pc . dc)/2t 

280 x 106 = (20 x 105 x 0.0971 x 3)/ 2t 

t = 0.00104 m or 1.04 mm 

Use t = 1.5 mm (5 mm is used for wall thickness of this rocket engine) 

 

3.8.2.17.2  Burst pressure 

Thus nominal chamber pressure pf required to burst the combustion chamber is  

given by 

pf = 2t σU/ dc 

     = (2 x 0.0015 x 480 x 106) / (0.0971 x 105) 
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     = 148.3 bar 

This is much higher than the nominal operating pressure pc = 20 bar and will compensate for 

thermal effects on the system when 5mm (instead of 1.5mm) wall thickness is used. 

 

3.8.2.18 Propellant Injection  

3.8.2.18.1  Types of Propellant Injection 

The injection phase allows considerations on how to introduce the propellant into the 

combustion chamber to achieve desired results. There are different types of injectors like8: 

non impinging stream, impinging stream (like and unlike), doublet impinging stream, triplet 

impinging stream, shower head stream, spray injection, splash plate and premixing type. For 

this design, premixing of fuel and oxidizer will be avoided to eliminate the hazard of pre-

ignition of the propellant before injection into the combustion chamber. The unlike 

impinging method of injection will be considered. 

 

3.8.2.18.2  Propellant injection parameters  

Injection3 velocities are derived from Benoulli’s equation 

p1/(ρg) + v1
2/(2g) + Z1 = p2/(ρg) + v2

2/(2g) + Z2             ………….. (69) 

Z1 = Z2; v1 = 0 

Hence, 

(p1 – p2)/(ρg) = v2
2/(2g)                                                 …………   (70) 

v2
2 = 2(p1 – p2)/(ρ) = 2(Δp)/ρ 

v2 = [2(Δp)/ρ]1/2 = (1/ρ)[2ρ(Δp)]1/2 = v                       …………..   (71) 

If friction is considered, then coefficient of discharge is Cd thus (assume Cd is common) 

v2 = Cd[2(Δp)/ρ]1/2 = Cd(1/ρ)[2ρ(Δp)]1/2 

Propellant mass flow rate is  

m = ρAv = CdA[2ρ(Δp)]1/2                                         ……………  (72) 

where A is cross section area of injector hole 

Since most orifices flow full the use of orifice flow coefficient Cd to compute injection 

velocity is not often recommended. Thus  

A = m/{[2ρ(Δp)]1/2}                                                   …………….  (73) 
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AoT = mo/{[2ρo(Δp)]1/2} for total oxidizer                   

AfT = mf/{[2ρf(Δp)]1/2} for total fuel                           

Injection can be achieved by using multiple holes to enhance mixing. Thus there will be N 

(integer) pairs of holes for oxidizer and fuel so 

Ao = mo/{N[2ρo(Δp)]1/2} for each oxidizer hole        …………….  (74) 

Af = mf/{N[2ρf(Δp)]1/2} for each fuel hole                …………….  (75) 

But A = πd2/4 

Thus injector orifice diameter is 

do = √{4mo/[πN[2ρo(Δp)]1/2]}1/2                                …………….  (76) 

df = √{4mf/[πN[2ρf(Δp)]1/2]}1/2                                 …………….  (77) 

 

 

 
 

Fig. 3.14a: Pictorial view of propellant injection 
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3.8.2.18.3  Propellant injection angles 

Unlike impinging system (oxidizer against fuel) is selected for the design and injection 

angles are as in Fig. 3.14 

The oxidizer of mass flow rate mo is injected at an angle θo (ao in diagram) and velocity vo  

Fuel of mass flow rate mf is injected at an angle θf (af in diagram) and velocity vf. 

Both oxidizer and fuel will impinge or meet at point O giving a resultant flow in a direction 

making an angle θ (a in diagram) with the chamber axis. Resolving the flow momentum 

gives 

Vertical component of resultant momentum = movo sin θo – mfvf sin θf              …….  (3.78) 

Horizontal component of resultant momentum = movo cos θo + mfvf cos θf        …….  (3.79) 

If total momentum of the two jets before and after impingement are equal then 

 
Tan θ = movo sin θo – mfvf sin θf                                                             …………….  (3.80) 
              movo cos θo + mfvf cos θf 
 

Good performance is often obtained when θ = 0. thus at that state  

Tan θ = 0 and 
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0 = movo sin θo – mfvf sin θf 

movo sin θo = mfvf sin θf                                                                 …………….  (3.81) 

Applying above equations then 

m = 4.6 kg/s 

mo = 3.42 kg/s 

mf = 1.18 kg/s 

ρo = 900 kg/m3 

ρf = 585 kg/m3 

Qo = mo/ρo 

Qo = 0.0038 m3/s 

Qf = mf/ρf 

Qf = 0.002016 m3/s 

g = 9.81 m/s2 

N = 10 (number of injector nozzles) 

π = 3.14 

θo = 2θπ/180 

θo = 0.349066 rad 

cd = 0.75 

Δp = 4.1 bar 

AoT = mo/cd√(2.Δp.ρo)  (total area for oxidizer) 

AoT = 0.00017 m2   

AfT = mf/cd√(2.Δp.ρf)  (total area for oxidizer) 

AoT = 0.000073 m2 

Ao = AoT /N  (individual area for oxidizer injector nozzle) 



 67 

Ao = 0.000017 m2   

do = √[(4.Ao)/π]  (individual diameter for fuel injector nozzle) 

do = 0.0047 m  = 4.7 mm 

use do = 5 mm 

df = √[(4.Af)/π]  (individual diameter for oxidizer injector nozzle) 

df = 0.003 m  = 3 mm 

vo = cd √[(2.Δp)/ρo]   

vo = 22.36 m/s 

vf = cd √[(2.Δp)/ρf]   

vo = 27.73 m/s 

Select injector angles such that resultant momentum will be in axial direction. This can be 

achieved by arbitrarily taking angle of inclination of the oxidizer to be 20 oC   

b = [movo.sin (θo)]/(mfvf) 

b = 0.799413 

θf = asin (b) 

θf = 53.07o   use 53o 
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CHAPTER 4 

  

4.0 INSTRUMENTS AND EXPERIMENTAL PROCEDURE 

 

4.1 Thrust chamber geometry   

The thrust chamber geometry is as in figures 4.1 and 4.2. Fabrication was done mostly on the 

lathe machine. Efforts made to find a shop that can cast the components with stainless steel 

or high carbon steel turned out negative.  
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The extra financial cost due to problems encountered during fabrication of the components 

exceeded the contingency funds and the time lost could not be recovered. The initial idea was 

to do a high carbon or stainless steel cast of the design but visits to machine shops in 

different cities like Owerri, Umuahia, Aba, Port Harcourt, Warri, Lagos and Enugu yielded 

very little hope. Where there appeared some optimism, unreasonably high cost (which 

conflicted with one of the goals of the project – low cost) posed a problem. Later, casting 

gave way to considerations on machining out the pieces and this revealed further challenges 

for the production of the engine prototype.   

 

4.1.1  Thrust Chamber 

The convergent and divergent parts were turned in a lathe machine as a single piece. A 

computer simulation was then used to achieve the radius at the throat using angles and 

chords. This aspect was first handled by an Owerri based machine shop that was selected for 

its history, knowledge and anticipated skills of its operators but their inability to deliver (after 

holding the job for months) was traceable to erratic power supply by the then National 

Electric Power Authority NEPA. Money paid was lost and time will never be redeemed. It 

took three other shops in Owerri and Aba before the thrust chamber was fabricated including 

corrections made to damaged sections. 
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4.1.2  Combustion Chamber 

The fabrication of the combustion chamber did not pose many problems. This is primarily 

because it was not complicated and accuracy was not critical. 

 

 
4.1.3  Injector 

The injector was designed in three parts  

1. The injector inlet manifold 

2. Distributor cover 

3. Distributor 
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4.1.3.1 The injector inlet manifold is the first part of the inlet manifold that receives the 

propellant. The outer side has two oxygen inlet holes of 9mm diameter each and a centrally 

positioned 9mm hole for the LPG fuel. The inner side has an annulus shape meant to 

maintain the separation of fuel and oxidizer. The fuel flows in the inner space while the 

oxidizer flows in the annulus. The other function is to maintain adequate pressure to 

overcome the back pressure from the combustion chamber. 
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4.1.3.2 The distributor has four holes of 7.5 mm diameter each for oxidizer and four holes 

of 4 mm diameter each for fuel. The outer surface is flat while the inner surface has a groove 

for uniform distribution within circles of 28 and 45mm radii. 

 
 

4.1.3.3 The injector nozzles are 10 pairs of holes for the fuel and oxidizer. Each pair is 

drilled such that they tend to intersect and this allows for mixing inside the combustion 

chamber. The oxidizer nozzle holes are 5 mm diameter each and inclined at 20 degrees from 

the outer surface towards the axis on the inner surface. The fuel nozzle holes are 3 mm 

diameter each and inclined at 53 degrees from the outer surface towards the circumference on 

the inner surface. 
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4.2 Test Rig 

The test rig is a heavy equipment with three critical sections:  

 The support is made of four legs which were buried firmly into the ground to withstand 

expected turning moment due to the thrust 

 The rocket motor compartment has two clamps for holding down the engine and side 

shields for protecting people by guarding against pieces of material projectiles in the 

event of explosion. It also has a provision for the rocket nozzle to protrude out clearly so 

that the flame can be monitored during the tests. 

 The body of the test rig is completely shielded to stop flying materials from under the 

engine compartment in the event of an explosion 
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4.3 Others 

Other components that make up the system are: 

 Fibre glass for insulation (since the flow process is assumed to be isentropic) 

 Connecting galvanized pipes, fittings and clips used for fuel and oxidant lines 

 Gas cylinders and their accessories used for storing the fuel and oxidizer 

 

4.4 Test Instruments 

4.4.1 Pressure gauges 

Six pressure gauges were used thus: 1 at combustion chamber close to nozzle inlet (range 0 

to 50 bar), 2 along the convergent section of nozzle (range 0 to 50 bar), 1 at the nozzle throat 

(range 0 to 20 bar), 1 along divergent section of nozzle (range 0 to 20 bar), and 1 at nozzle 

exit (range 0 to 20 bar). They were analog gauges used to read off pressures at the points they 

were located. Two other pressure gauges were used to read off the supply pressures from the 
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fuel and oxidizer gas cylinders. The valve knob was marked against the position on the 

cylinder where pressure equaled that determined to yield the required flow rate. 

 

4.4.2 Thermocouples  

Six thermocouples were used at corresponding sections where pressure gauges were located. 

They were each of range 0 to 1600 oC and used to read of temperatures remotely at their 

locations. Each was connected to a six channel, analog thermocouple reader with 4.5 m of 

heat resistant cables. The reader’s limitations includes slow response time, inability to read 

the six channels for the six thermocouple positions simultaneously and inability to log a 

downloadable data to a personal computer (pc). The thermocouples were also limited to 

temperature of 1600 oC which is less than the lowest temperature expected at the nozzle 

exhaust point. 

 

 4.4.3 Stop Watch 

A digital stop watch was used to record reaction time of the system from ignition to cut off 

point. 

 

4.4.4 Digital video camera 

A Sony SR60 digital video camera that can record on 60 GB hard disk was used to capture 

the real time rocket engine reaction flame thrust images during the tests. This provided 

information that can be reviewed during test analyses 

 

4.4.5 Digital still camera 

A Sony P200 digital camera that can record on 1 GB hard disk was used to capture both 

single and multi burst rocket engine reaction flame thrust pictures during the tests. This also 

provided information that can be reviewed during test analyses 

 

4.4.6 A pair of binoculars 

A pair of Optisan binoculars was used to view and read off information from the pressure 

gauges from safe distances during the tests. 
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4.4.7 Rota meter (not available) 

Available Rota meters could not measure the required flow rate hence propellant flow rate 

was calculated and marked off on the cylinders. 
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CHAPTER 5 

5.0 TEST RESULTS 

The rocket engine was tested on a hold-down test rig. Ignition was manually initiated and 

propellant feed was in sequences that gave complete and incomplete combustions alternately 

by increasing either the oxidizer or the fuel until required flow rates were achieved. The test 

instruments included pressure gauges, digital video and still cameras, thermocouples, and a 

pair of binoculars. The main challenge was caused by limitations which arose primarily from 

non availability of appropriate and safe rocket testing equipment necessary for test personnel 

to operate and obtain test result data from a safe distance. Thermocouples that can read 

temperatures higher than 1600 oC were not available (this delayed the test for about 8 

months). The happy aspect of the first test is the physical experience of the bright yellow 

flame thrust which measured 1.7 m, a sonic boom at mach one and sustained noisy 

combustion reactions. The generated thrust was calculated to be 7.65 KN. This is 76% of the 

assumed design thrust of 10 KN. Particle exit velocity and Mach Number achieved were 

calculated to be 1664 m/s at Mach 1.87. These were 75% and 74% of assumed velocity of 

2222 m/s and Mach Number of 2.54. Combustion pressure of 16 bar was achieved at 

temperatures of about 2000 oC. The theoretical performance is presented in the form of charts 

and compared with test results. These were found to be in good agreement and provide a 

basis for future design of large engines. The second test provided insights on the implication 

of uncontrolled startup. One of the objectives is to obtain test data that will be compared with 

the theoretical data. This was frustrated by non-availability of appropriate test equipment for 

temperatures higher than 1600 oC. To overcome the full deflections of the thermocouple, 

temperatures were estimated for the positions considered to enable the analyses. However, 

the tests provide direction for further study on the topic when further efforts can be made to 

acquire the right test equipment. 
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Table 5.1 Test results 

 Chamber Convergent Throat Divergent 
Points tested along nozzle 
axis (mm) 0 12 25 38 78 145 

Pressure (bar) 16 15.7 14.8 9 4 3 
Temperature deg C 2800 2780 2720 2600 2300 2000 
Temperature deg K 3073 3053 2993 2873 2373 2073 

Density 1.54 1.52 1.46 0.93 0.50 0.43 
Velocity (m/s) 0 189 383 1020 1532 1664 

Section area (sq m) 0.007408 0.005384 0.004094 0.003704 0.006249 0.012233 
Mach number 0 0.18 0.37 0.99 1.59 1.87 

Specific volume 0.65 0.66 0.68 1.08 2.01 2.34 
 

 

5.1 Discussions 

5.1.1 Effect of cross sectional area on pressure drop 

 

 
Fig 5.1 Sectional area – pressure relationship 

 

Figure 5.1 shows that moving from the nozzle inlet to the exit, the sectional area decreases to 

a minimum at a pressure of 10 bar (slightly before 38mm from nozzle inlet) and then 

increases while pressure continues to decrease. This is because the nozzle is a De Laval type 

which consists of the convergent section, throat, and the divergent section and provides 

indication that supersonic flow is possible. The chart also shows that the predicted throat area 

is slightly greater than the actual throat area. This deviation may be as a result of variations 
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due to assumptions like no boundary layer on which the ideal case is determined and errors 

due to imperfections from fabrication and machining.   

 

 

5.1.2 Effect of density on velocity  

 

 
Fig 5.2 Density – velocity relationship 

 

Figure 5.2 shows that moving from the nozzle inlet to the exit, there is increase in velocity at 

the expense of density. This could explain the expansion process in the nozzle as a given 

mass flow rate of gas experiences higher volume flow rate due to expansion. This then 

translates to velocity gain. The chart also appears to suggest that density and velocity 

approach asymptotic values which may imply that the density may not decrease below a 

certain value and hence provides information that suggests that maximum propellant mass 

flow rate was achieved. This is in line with the fact that once maximum mass flow rate is 

achieved, it remains constant and further reduction of back pressure will not affect the flow 

rate. Velocity increased from 0 to 1020 m/s at the throat 
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5.1.3 Effect of pressure on velocity 
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Fig 5.3 Pressure – velocity relationship 

Figure 5.3 shows that moving from the nozzle inlet to the exit, the velocity also increases 

while pressure drops. But velocity increase due to pressure drop appears asymptotic and 

suggests that there would be a velocity that when attained, further increase in pressure may 

not influence significant change in velocity  

 

5.1.4 Effect of pressure on temperature  

 

 
Fig 5.4 Pressure – temperature relationship 
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Figure 5.4 shows that moving from the nozzle inlet to the exit, the temperature decreased as 

the pressure decreased. There was appreciable drop in pressure and temperature over a 

relatively short distance through the nozzle. Temperature changed from 2800 to 2000 oC 

giving a drop of 800 oC. This temperature drop accounted for the increase in kinetic energy 

of the gas molecules due to decrease in enthalpy. At the nozzle exit, the temperature was 

2000 oC and this huge amount of energy which could have added to the kinetic energy of the 

gas was lost to the environment.  

 

5.1.5 Effect of pressure on Mach Number 

Figure 5.5 shows that moving from the nozzle inlet to the exit, the Mach Number increased 

from zero at the nozzle inlet and reached value 1 at the throat. This suggests that sonic 

velocity was attained. Further increase of Mach Number in the divergent section confirms 

that supersonic velocity of 1.87 was attained. The theoretical analysis had predicted a Mach 

number of 2.54. This value was not attained due to imperfections in the fabrication of the 

components, losses that might have occurred during combustion, and the fact that certain 

assumptions based on isentropic flow were made to facilitate the analyses. 

 
Fig 5.5 Pressure – Mach Number relationship 

 

5.1.6 Pressure, specific volume and the velocity/sp. Volume v/V ratio 

Figure 5.6 shows that moving from the nozzle inlet to the exit, the specific volume increased 

as pressure decreased. The specific volume was fairly constant at 0.66 m3/kg up to about 23 
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mm into the convergent section before it began to increase. The chart also shows that the rate 

of decrease  of pressure was very low within this region. After 25 mm into the nozzle, the 

rate of changes in pressure and specific volume increased.  
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Fig 5.6 Pressure – specific volume relationship 

 

 
Fig 5.7 Pressure – v/V ratio relationship 

 

Figure 5.7 shows that moving from the nozzle inlet to the exit, the v/V (velocity/specific 

volume) chart increased to a maximum at the throat and then began to decrease. From the 

continuity equation ρAv = constant = Av/V (where ρ = 1/V or the inverse of specific volume) 
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indicating that the area A is inversely proportional to the ratio v/V. The chart suggests that 

the velocity (v) increased at a greater rate than the specific volume in the convergent section 

of the nozzle while the reverse is the case in the divergent section of the nozzle. Comparing 

figures 5.3 and 5.6 will provide a clearer picture as the specific volume was relatively 

constant up to 25 mm into the convergent nozzle before appreciable increase began to occur.  

 

5.1.7 Pressure and density 

 

 
Fig 5.8 Pressure – density relationship 

 

Figure 5.8 shows that moving from the nozzle inlet to the exit, the density decreases just as 

the pressure. This may be related to the fact that pressure is proportional to number of gas 

molecules hitting the walls per unit time. 
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diameter of the nozzle exit before bulging slightly at the middle as attempts were made to 

stop the test due to unsafe behavior of some of the test personnel. The slight bulge suggests 

that the exit pressure was marginally higher than the ambient pressure while the diameter that 

is equivalent to nozzle exit suggests that the exit pressure equaled the ambient pressure. 

 

5.2.2 Second test 

The starting of the second test was not managed well enough due to a number of factors. The 

engine was lagged to ensure isentropic process but this helped to generate too much heat that 

damaged the combustion chamber. Then the persons detailed to handle propellant feed were 

not properly briefed as those in the first test. The video showed that the flame came on but 

soon retarded into the combustion chamber. Soon, it came up again but retarded into the 

combustion chamber a second time. Then it came up a third time and was followed by an 

explosion. Analyses tend to suggest that the feed was not controlled (feed pressure gauge was 

not used). It appeared that fuel was injected at a lesser rate than oxygen and this may explain 

why the flame retarded into the combustion chamber. When fuel was eventually injected at 

the appropriate flow rate, the system had become very hot due to burning oxygen. Thus, the 

explosion followed when gas was eventually injected. The material was either melted or 

evaporated as molten material was seen spewing out from the nozzle. 

 

5.3 Superimposition of test results with the theoretical result 

Table 5.2 Theoretical and test results (first test) 

 Chamber Convergent Throat Divergent 
Points tested along nozzle axis 
(mm) 0 12 25 38 78 145 

Pressure (bar) 16 15.7 14.8 9 4 3 
Temperature deg C 2800 2780 2720 2600 2300 2000 
Temperature deg K 3073 3053 2993 2873 2373 2073 

Density 1.54 1.52 1.46 0.93 0.50 0.43 
Velocity v (m/s) 0 189 383 1020 1532 1664 

Section area (sq m) 0.007408 0.005384 0.004094 0.003704 0.006249 0.012233 
Mach number 0 0.18 0.37 0.99 1.59 1.87 

Specific volume V (m3/kg) 0.65 0.66 0.68 1.08 2.01 2.34 
v/V ratio 0.00 287.23 559.69 944.28 763.16 711.66 

Theoretical Pressure 18.7 18.2 16.8 11.3 2.31 1.2 
Theoretical Temperature deg C 3190 3179 3138 2931 2342 1979 
Temperature deg K 3463 3452.00 3411.00 3204.00 2615.00 2252.00 
Theoretical Density 1.37 1.34 1.28 0.83 0.45 0.39 
Theoretical Velocity 0 442 604 1091 1889 2222 
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Section area       
Theoretical Mach number 0 0.39 0.54 1.00 1.94 2.48 

Specific volume V (m3/kg) 0.73 0.74 0.78 1.20 2.21 2.54 
v/V ratio 0 594 774 906 854 875 

 

 

Table 5.2 provides comparisons for the first test results against the theoretical values and 

these are presented in the following charts. They clearly show some variations from 

theoretical values. This is because of the assumptions made to enhance the analyses of the 

system in order to overcome the complexities that would have been experienced. 
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Fig 5.9 Comparison of actual with theoretical pressure 

 

Fig 5.9 shows that the pressure drop obtained for expansion in the actual test was less than 

the theoretical beginning with 86% at nozzle entry (16 bar against 18.7 bar) up to 58 mm into 

the nozzle where they became equal at 6 bar. This provides information on losses 

encountered which are due to imperfect combustion in the combustion chamber arising from 

poor fabrication finishing, assumptions on one dimensional flow, isentropic flow, adiabatic 

flow, no boundary layers and zero propellant velocity in the combustion chamber. Further 

than 58 mm into the nozzle, the test pressure became higher than the predicted pressure up to 

the exit where it was 3 bar or 150% of the predicted exit pressure of 1.2 bar. The exit 

pressure was higher than the ambient pressure. It shows that the system experienced pressure 

recovery through shock waves which increased the back pressure and prevented further 
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expansion. The high point from this chart is a confirmation that pressure recovery through 

subsonic deceleration did not occur as exit pressure was close to predicted pressure. 
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Fig 5.10 Comparison of actual with theoretical temperature  
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Fig 5.11 Comparison of actual with theoretical density  

Figures 5.10 and 5.11 show that variations in temperature and density were more at nozzle 

entry but closer at the exit. At the entry, there were 12% and 11% variations in temperatures 

and densities. At the exit there was agreement in temperature while density varied by 9%. 

These differences remained fairly constant up to about 25 mm into the convergent section of 

the nozzle before gradually closing up to become almost equal at the exit. The differences 

can be traced to the method used for measuring flow rate instead of the use of Rota meters. 
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The entry temperatures assumed at propellant inlet vary from the initial temperatures due to 

heat conduction towards the inlet and complete release of fuel energy is assumed while this 

may not have been achieved actually.  

 

Figures 5.12 and 5.13 show that the actual velocity and Mack Number increased at a slower 

rate than the predicted velocity and Mack Number up till the nozzle throat where the rate of 

increase became nearly the same for actual and assumed parameters. Beyond the throat, the 

predicted velocity and Mach Number also increased at a faster rate to yield achieved values 

of 75% of the theoretical value at nozzle exit. The design assumed the molecules to flow in 

the same direction while in actual sense, some of the particles will get in the way of others 

thus causing collisions, frictions and bottlenecks that will impact on the over all actual 

velocity. This is generally responsible for the variation.  

 

Fig 5.14 shows that the specific volume was almost the same at nozzle entry and the 

predicted values remained higher than the test results up to nozzle exit where 92% was 

achieved. Fig 5.15 shows that the velocity / specific volume ratio increased at a uniform rate 

while the assumed values increased at a faster rate till close to the nozzle throat where it 

equaled the predicted values just before and after the throat. It increased at a slightly faster 

rate at the throat before decreasing at a faster rate to 84% of 875 m3/kg assumed. 
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Fig 5.12 Comparison of actual with theoretical velocity  
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Fig 5.13 Comparison of actual with theoretical Mach number  

 

Figure 5.16 shows variation of some parameters with pressure during the process. Basically, 

temperature and density decrease with decreasing pressure while velocity and mach number 

increased with decreasing pressure.  
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Fig 5.14 Comparison of actual with theoretical specific volume  
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Fig 5.15 Comparison of actual with theoretical v/V ratio  
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Fig 5.16 Variation of temperature, Mach number, velocity and density with pressure 

 

5.4 Conclusion 

1. There was sonic boom at mach one, noisy reactions and sustained long flame thrust 

which measured 1.7 meters during the rocket engine test reactions.  

2. The particle exit velocity was calculated to be 1664 m/s at a Mach Number of 1.87. These 

represent 75% and 74% of the design values of 2222 m/s at Mach 2.54  

3. Generated thrust was calculated to be 7.65 KN. This is 77% of 10 KN designed for 
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4. A chamber pressure of 16 bar was achieved during the first test without lagging and this 

is 80% of design pressure 

5. There was no pressure recovery through subsonic deceleration but results show that there 

was pressure recovery through shock waves only. This confirmed that supersonic 

velocities were achieved 

6. Temperature drop was 800 oC (from 2800 to 2000 oC) which represents 66% of design 

values (from 3190 to 1979 oC) 

7. Specific volume was initially fairly constant up to 25 mm into the nozzle before 

appreciable rate of increase occurred. 

8. Throat diameter was less than the physical diameter. This suggested that boundary layer 

existed and might have accounted for the difference. 

9. Throat velocity was 1020 m/s at Mach 1. 

10. Very high temperatures above 2000 oC were achieved during the second test with 

lagging. This contributed to the damage to the rocket motor during the second test 

 

 

5.5 Recommendation for further work 

1. Comprehensive tests using computer data readers and Rota meters will provide adequate 

and better information that can be used to improve the mach number 

2. Comprehensive tests using appropriate thermocouples will provide correct actual 

information without damaging or melting the devices 

3. A provision for cooling the thrust chamber without losing the heat energy (that is, using 

the propellant to cool the system) will help to sustain the process for longer periods 

without damaging it. 
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Appendix A:  Theoretical Analysis (Computer simulation) 

 
Pressure Area of 

section Diameter Radius Distance Velocity Temp Ma 
1873421 0.007034 0.0946 0.0473 0.0033 376.7 3190 0.33 
1810132 0.005869 0.0864 0.0432 0.0144 464.7 3172 0.41 
1746843 0.005198 0.0813 0.0407 0.0213 540.4 3153 0.48 
1683554 0.004758 0.0778 0.0389 0.0260 608.8 3134 0.54 
1620265 0.00445 0.0753 0.0376 0.0295 672.0 3114 0.60 
1556976 0.004226 0.0734 0.0367 0.0321 731.6 3093 0.65 
1493687 0.004059 0.0719 0.0359 0.0341 788.6 3072 0.71 
1430398 0.003934 0.0708 0.0354 0.0356 843.5 3050 0.76 
1367109 0.003841 0.0699 0.0350 0.0367 897.0 3027 0.81 
1303820 0.003776 0.0693 0.0347 0.0375 949.4 3003 0.86 
1240531 0.003732 0.0689 0.0345 0.0380 1001.0 2978 0.91 
1177242 0.003709 0.0687 0.0344 0.0383 1052.2 2952 0.96 
1113953 0.003701 0.0686 0.0343 0.0383 1103.2 2925 1.01 
1050664 0.003714 0.0688 0.0344 0.0386 1154.2 2897 1.06 
987375 0.003745 0.0690 0.0345 0.0391 1205.6 2867 1.12 
924086 0.003794 0.0695 0.0348 0.0400 1257.5 2836 1.17 
860797 0.003863 0.0701 0.0351 0.0412 1310.2 2802 1.23 
797508 0.003954 0.0710 0.0355 0.0427 1364.0 2767 1.29 
734219 0.004071 0.0720 0.0360 0.0447 1419.2 2729 1.35 
670930 0.004219 0.0733 0.0366 0.0471 1476.3 2688 1.41 
607641 0.004405 0.0749 0.0374 0.0502 1535.7 2644 1.48 
544352 0.00464 0.0769 0.0384 0.0539 1597.9 2596 1.56 
481063 0.004939 0.0793 0.0396 0.0585 1663.8 2543 1.64 
417774 0.005329 0.0824 0.0412 0.0643 1734.4 2484 1.73 
354485 0.005851 0.0863 0.0432 0.0718 1811.2 2417 1.83 
291196 0.006582 0.0915 0.0458 0.0817 1896.6 2339 1.95 
227907 0.007677 0.0989 0.0494 0.0956 1994.3 2246 2.09 
164618 0.009508 0.1100 0.0550 0.1168 2111.5 2127 2.27 
101329 0.01328 0.1300 0.0650 0.1547 2264.8 1962 2.54 
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Appendix B: Determination of average specific heats for flow through the nozzle 

 

P0 = 20 bar 

Pe = 1.01 bar 

T = 3225 oC 

R0 = 8.314 KJ/kg K 

Combustion equation is 

C3H8 + 4O2   2CO + CO2 + 4H2O 

nco2 = 2 

nco = 1 

nh2o = 4 

nt = nco +  nco2 +  nh2o 

θ = T/100 

Cpco = 69.145 - 0.7046 θ0.75 – 200.77 θ0.5 + 176.76 θ0.75 

Cpco2 = -3.736 + 30.529 θ0.5 – 4.1034 θ + 0.024198 θ2 

Cph2o = 143.05 – 183.54 θ0.25 + 82.751 θ0.5 – 3.6989 θ 

Cpco = 37.317 

Cpco2 = 62.468 

Cph2o = 56.312 

Cp = 1/ nt . (nco Cpco +  nco2 Cpco2+  nh2o Cph2o) 

Cp = 51.764 

k = Cp/( Cp – R0) 

k = 1.191 

Te = T.(Pe/ P0)(k – 1)/k 
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Te = 1996.5 oC 

β = Te /100 

Cpcoe = 69.145 - 0.7046 β0.75 – 200.77 β0.5 + 176.76 β0.75 

Cpco2e = -3.736 + 30.529 β0.5 – 4.1034 β + 0.024198 β2 

Cph2oe = 143.05 – 183.54 β0.25 + 82.751 β0.5 – 3.6989 β 

Cpcoe = 36.272 

Cpco2e = 60.395 

Cph2oe = 50.981 

Cpe = 1/ nt . (nco Cpcoe +  nco2 Cpco2e+  nh2o Cph2oe) 

Cpe = 48.123 

Cpav = (Cp +  Cpe)/2 

Cpav = 49.944 

k1 = Cpav/( Cpav – R0) 

k = 1.2 

Te1 = T.(Pe/ P0)(k1 – 1)/k1 

Te = 1961.869 oC 

ρ = Te1 /100 

Cpcoe1 = 69.145 - 0.7046 ρ0.75 – 200.77 ρ0.5 + 176.76 ρ0.75 

Cpco2e1 = -3.736 + 30.529 ρ0.5 – 4.1034 ρ + 0.024198 ρ2 

Cph2oe1 = 143.05 – 183.54 ρ0.25 + 82.751 ρ0.5 – 3.6989 ρ 

Cpcoe1 = 36.211 

Cpco2e1 = 60.296 

Cph2oe1 = 50.735 
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Cpe1 = 1/ nt . (nco Cpcoe1 +  nco2 Cpco2e1 +  nh2o Cph2oe1) 

Cpe1 = 47.951 

Cpav1 = (Cp +  Cpe1)/2 

Cpav = 49.858 

k1 = Cpav1/( Cpav1 – R0) 

k = 1.2 
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Appendix C: Determination of adiabatic flame temperature (AFT)  

The adiabatic flame temperature (AFT)14 which is the maximum possible combustion 

temperature will be calculated from the combustion equation. Thus using energy balance 

equation (assuming no changes in kinetic and potential energy) then 

∑R ni[hf +∆h]i  =  ∑P ne[hf +∆h]e      …………… (a) 

where R = reactants; P = products; ni = individual kmol; hf = enthalpy of formation per kmol; 

∆h = standard enthalpy change at specified temp from 25oC or 298oC per kmol and  

∆h  =  hT – h298  =   ∫T2  cp.dT                        …………….. (b) 
                                 T1 

 

where T1 = ref temp typically 298 oK; T2 = AFT; cp = specific heat at const pressure/kmol 
 
For the combustion equation; 
 
 
Table 3: Specific for propellant reactants and products at 298 oK 
 

 hf ∆h 

C3H8 -103850 0.0 

 O2 0.0 0.0 

CO -110530  

CO2 -393520  

H2O -241820  

hf and ∆h for reactants and products at 298 oK 

C3H8 + 4O2              2CO + CO2 + 4H2O    ………………. (c) 

(-103850+∆hC3H8) + 4x(0+∆hOxy)  =  2x(-110530+∆hCO) + (-393520+∆hCO2) +                                                                                                                   

4x(-241820+∆hH2O) 

For the reactants, ∆h  =  hT – h298  =  0 since T = 298 

1478010  =  2∆hCO + ∆hCO2 + 4∆hH2O          ……………….. (d) 
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∆h  =  hT – h298 can be determined for individual components of the product gas from the 

expression  

∆h  =  hT – h298  =   ∫T2  cp.dT 
                                 T1 

Where cp/R0  =  A + BT + CT2 + DT-2       …………………... (e) 

R0  =  8.314,  the coefficients A,B,C and D are as in table below (Ref. ). Thus 

∆h  =  hT – h298  =  8.314 x  ∫T   [A + BT + CT2 + DT-2].dT 
                                             298 

∆hCO = 8.314 x  ∫T   [3.376 + 0.557x10-3T + -0.031x105T-2].dT 
                           298 

         = 28.1T +0.0023T2 + 25773.4T-1 – 8656  ………………. (f) 

Similarly, using table below 

∆hCO2 = 45.2T +0.0043T2 + 961929.8T-1 – 17086.7    …………... (g) 

∆hH2O = 28.8T +0.006T2 + 12100T-1 – 9173.1      ……………….. (h) 

 

Table 4: Coefficients A, B, C and D 

 A B C D 
CO 3.376 0.557x10-3 0 -0.031x105 

CO2 5.457 1.045x10-3 0 -1.157 x105 

H2O 3.470 1.45x10-3 0 0.121 x105 

                       

Subst expressions (f), (g), (h) into (d) and simplify to get  

0.0327T3 + 216.6T2 - 1549101.1T + 1061876.6 = 0 

Use trial and error to obtain the factor (T – 0.68555) and hence the quadratic 

 0.0327T2 + 216.622T – 1548952.59 = 0 

Solve to get  

T1 = 0.68555 oK;   T2 = -10950.3 oK;    T3 = 4325.778 oK 
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The first two are not possible in the combustion chamber, thus 

AFT  =  4325.778 oK 

But actual AFT will be about 10% less than the adiabatic flame temp, hence the flame temp 

will be  

Combustion flame temp  =  4325.778 x (1 – 0.1) 

  =  3893.2 oK 

However, this is calculated actual temperature in the combustion chamber. Due to poor 

quality production, the combustion chamber will not be efficient. Assuming 0.83 efficiency 

Then actual temp will be  

T0  =  3893.2 x 0.83 

      =  3225 oK 

The nature of the propellants (solid, gel, liquid or gas) affect the size of combustion chamber. 

A gas-gas propellant mixture like propane and Oxygen will require no atomization and will 

burn or react quickly. Hence, it will require a small chamber volume.  

From chart in fig 12, at 3225 oK the approximate pressure P is 20 bar for hydrocarbon fuels 

with gaseous oxygen (stoichiometric ratio)  
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Appendix D: Design parameters 

 

Pa = 1.013 bar 

Pc = 20 bar 

Tc = 3225 oC 

dc = 0.0971 m 

Rc = 0.0486 m 

vc = 0 m/s 

Pt = 11.29 bar 

Tt = 2931.8 oC 

At = 0.003704 m2 

dt = 0.0687 m 

Rt = 0.0343 m 

vt = 1091.1 m/s 

Mat = 1 

m = 4.6 kg/s 

mo = 3.42 kg/s 

mf = 1.18 kg/s 

r = 2.91 

Pe = 1.013 bar 

Te = 1961.7 oC 

Ae = 0.013306 m2 

de = 0.1302 m 

Re = 0.0651 m 
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ve = 2264.9 m/s 

Mae = 2.54 

εc = 2 

εe = 3.59 

Lcc = 0.1617 m 

Lnc = 0.0384 m 

Lnd = 0.1165 m 

c = 1610.8 

cf = 1.35 

Is = 221.65 s 

F = 10000N 

R = 338.38 KJ/kg K 

α = 30o 

β = 15o 

γ = 1.2 

g = 9.81 m/s2 

Mac = 0.4 

Lstar = 0.038 m 
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Appendix E:  Pictures From Tests 

 
Picture 1: Thrust chamber before lagging 

 
 
 

 
Picture 2: Inside of divergent section of nozzle 
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Picture 3: Flame thrust during engine test 

 

 
Picture 4: Close up on Flame thrust during engine test 
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Picture 4: Flame thrust just before mach one 

 

 
Picture 5: Multi burst pictures showing progression of flame thrust 
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